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Project Document No. 611-Z (Addendum)

PREFACE

The purpose of this addendum is to identify changes to the Viking

Orbiter Baseline Design Document. This addendum delineates the

authorized changes to the Orbiter baseline design and the latest under-

standing of the Orbiter Science payload.
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SECTION I

INTRODUCTION

The Orbiter defined in the "Baseline Design" document included a

number of assumptions regarding the configuration of the Viking space-

craft. Since the issuance of the "Baseline" Document, an improved

understanding of the Mission Objectives, and the Orbiter, Lander, and

Launch Vehicle, capabilities has occurred. This improved understand-

ing resulted in the Viking Project Office authorizing a weight reduction

program so as to arrive at a Viking spacecraft weight that would provide

a minimum launch period of 30 days. The resulting changes to the

orbiter weight as well as other authorized changes consisting of a reduc-

tion in the total required_V from 1575 raps to 1420 raps, the incorpora-

tion of a one-hour solar occultation interval following the orbit insertion

maneuver, and the use of "flight-loads" analysis for the structural de-

sign criteria, are described in Sections II and III of this addendum.

In addition to the above authorized changes the baseline model of

the orbiter science instruments has also been updated. This updating

provides a set of instruments for design integration studies that more

nearly reflect the capabilities that will be required to meet the mission

objectives.

The addendum format is similar to the format used in the Orbiter

baseline design document. In the addendum each of the areas affected by

design changes are referenced to corresponding sections of the baseline.

A description of the design change implications is then presented.
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SECTION II

VIKING ORBITER DESCRIPTIONS

A. ORBITER SEQUENCE

Section VII C. ORBITER SEQUENCE of the Baseline Document cover-

ing the orbit insertion sequence is modified to add up to one hour of sun

occultation immediately following orbit insertion. Sun occultation capa-

bility at this point in the insertion sequence will be a requirement if low

inclination orbits are to be used.

With power management and orbit insertion maneuver sequence modi-

fications to the orbiter baseline sequence the orbiter design can support

a one-hour solar occultation interval following the orbit insertion maneu-

ver without serious impact on the orbiter design.

Key change in power management would include the turn-off of tem-

perature control heaters during the orbit insertion maneuver. Changes

to the orbit insertion sequence would consist of reducing the wait interval

between turn commands and motor burn. The detailed modifications to

the orbit insertion sequence have not, as yet, been finalized.

With the latest orbit insertion maneuver power profile (see appen-

dix l) the two baseline batteries can provide an off-sun capability of 3. 5

hours. Allowing for one hour of solar occultation, 2.5 hours are avail-

able for performing the orbit insertion maneuver.
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"v

B. ORBITER WEIGHTS

The weight table presented here, appendix 2, supersedes Table 7D-l,

Orbiter Subsystem Weight Summary contained in Section VII D. ORBITER

WEIGHT of the Viking Orbiter Baseline Design Document.

Appendix 2 lists the Viking spacecraft weight breakdown as seen by

the Orbiter. Major weight reduction has taken place in the propulsion'_

subsystem. The reduced propulsion weight results from use of helium.]

instead of nitrogen as apropulsion pressurant, an increase in the nozzle

expansion ratio from 40:1 to 60: 1, and a reduction of the total required

_V capability to 1420 raps. Additional Orbiter weight reduction results

from the use of light weight solar cells and thin cover glass, and the use

of "flight-loads" analysis for structural design. Other Orbiter weight

adjustments that have occurred are also explained in appendix 2.
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SECTION III

VIKING ORBITER SUBSYSTEM DESCRIPTIONS

A. STRUCTURE

The structurai design criteria presented here incorporates the

philosophy of "flight-loads" analysis into the structural design philos-

ophy of the Orbiter as contained in Section VIII A. STRUCTURE of

the Orbiter Baseline Design Document.

The structural design criteria of the Viking Orbiter Baseline was

based on an extension of the technology used for the Mariner series

spacecraft. The Mariner structures were designed primarily to with-

stand loading conditions imposed by sustained sinusoidal preflight

qualification tests. In order to effect a weight reduction, the Viking

design will be based on a "flight-loads" analysis of the flight environ-

ment with a corresponding change to the preflight tests in order not to

exceed the design conditions.

The structural elements proposed are consistent with a stress

level not exceeding 30, 000 psi when subjected to a static loading of 8g

axial or a combination of 4 g axial and 2 g lateral. The "flight-loads"

criteria do not yet exist but these static levels are estimated to be

equivalent at this time.
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B. POWER SUBSYSTEM

Changes to the baseline power subsystem Section VIII F. POWER

SUBSYSTEM of the Viking Orbiter Baseline Design Document consist of

the authorization to use light weight solar cells . 008 inches thick and

thin cover glasses . 006 inches thick to reduce solar panel weight. With

a total solar panel area of I15 ft2 the light weight solar cells and cover

glasses produce a 34 pound weight reduction when compared to the same

panels covered with the standard Mariner 69/71 solar cells. Although

the baseline is now changed, the selection of the solar panel design is

still under review and therefore may be subject to further revisions.

-5-



Project Document No. 611-2 (Addendum) Section III

,__f

C. PROPULSION SUBSYSTEM

Changes to Section VIII L. PROPULSION SUBSYSTEM of the Viking

Orbiter Baseline Design Document consist of a change in the total Z_V

requirement from 1575 raps to 1420 raps. Other design changes for re-

ducing the propulsion subsystem weight both physically and by improving

performance have also been selected and are discussed below.

For the latest spacecraft weight breakdown see appendix 2.

1. Substitution of Helium for Nitrogen as a Propellant Tank

Pressurant

The pressurant has been changed from Nitrogen to Helium, ef-

fecting a decrease in the pressurant system weight of approximately 75

pounds.

Typically Nitrogen pressurant is preferred over Helium unless

spacecraft mass is extremely critical, because of the lower leakage po-

tential of Nitrogen systems. Both theory and experiments show that the

ratio of leakage rate of Helium to Nitrogen is approximately three. In

addition, Helium could cause leak path (hole) growth due to its higher

molecular velocity. However, Gemini and Apollo propulsion subsystems

utilize Helium pressurant as did the Surveyor vernier engines, proving

that fabrication and component technology can be brought to bear to solve

the potential leakage problems associated with Helium.

2. Increase Nozzle Expansion Ratio from 40:1 to 60:1

The RS-Z101 engine for Viking will utilize a 60:1 nozzle expan-

sion ratio, thus improving engine specific impulse by 4 seconds. This

nozzle is 1.93 inches longer than a 40:1 nozzle.

The 40:1 nozzle currently available on the RS-2101 engine is

fabricated of L-605. Studies have shown that a 60:1 nozzle can be

fabricated of L-605 which will have acceptable thermal stress
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characteristics, but will have to be machined to a thickness of 0. 010 inches

to minimize vibration loads on the chamber/nozzle attach joint. The

feasibility of this design is predicated on the vibration test criteria for the

Viking engine remaining at a level equal to or less than the M'71 vibration
test levels.

Anticipated problems, which are currently being assessed, are

1} fabrication feasibility of the light weight (0. 010 inches vs 0. 015 inches

for M_71} nozzle, 2) structural integrity of the nozzle joint, and 3) sus-

ceptibility of the light weight nozzle cone to distortion due to vibration.

3. Use t_Selected" RS-Z101 En$ine Injectors

During the TA and FA engine component testing program, perfor-

mance tests will be conducted on approximately 14 injectors, as compared

to a conventional qualification program which would include approximately

7_',_ injectors. Injectors .will be selected which meet or exceed the minimum

specific impulse performance level of Z89 seconds. Aperformance im-

provement of Z seconds I is provided by this selection process.
sp

Includes a total of four for TA qualification (1 PTMsubsystem,

1 TAsubsystem, Z TAcomponent), plus three for flight deliveries.
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D. DATA STORAGE SUBSYSTEM

The new storage handling requirements of the science instruments

have resulted in necessary modifications to the data storage subsystem.

The description contained in this addendum is a total rewrite of

Section VIII O. DATA STORAGE SUBSYSTEM contained in the Orbiter

baseline document.

The orbiter data storage subsystem consists of two identical digital

tape recorders and their associated record, playback, and control elec-

tronics. Appendix 3 is a block diagram of the dual transport data

storage subsystem. Each recorder has the capability of recording either

the orbiter or the relayed lander data for increased reliability. Simul-

taneous recording of orbiter and lander data is possible by utilizing both

recorders in a concurrent record mode. Effective orbiter data record

rate will be on the order of 2.2 M bps. Record rates for lander data

will be 16.2 K bps and 3. 24 K bps. Playback rates will be 16.2, 8. i,

4. 05, 2.025, and i. 0125 Kbps. Orbiter data storage capacity of each

recorder will be 5. 0 x 108 bits. Lander data storage capacity of each

recorder will be 2. 0 x 107 bits for the 16.2 K bps record rate and

3. 0 x I06 bits for the 3.24 IK bps record rate. The tape recorder motor

in each tape transport will be driven synchronously when recording

orbiter data and in a servo-controlled mode at the lower bit rates.

Jitter will be eliminated from playback data with the use of an output

buffer.

DSS Parameters:

Weight

Power

Storage Capacity

Record Rates

Playback Rates

= 20 lbs/recorder

= 22 watts/recorder

= 5.0 x 108 bits/recorder for orbiter data

2. 0 x 107 bits/recorder for lander data

(16. _ K bps record)
3.0 x 10 bits/recorder for lander data

3.24 Kbps record)

= 2. 2 M bps effective for orbiter data

16.2 K bps and 3.24 K bps for lander data

= 16. ZKbps, 8.1 Kbps, 4. 05 Kbps,

2.025 Kbps, and 1.0125 Kbps
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E. SCIENCE DATA SUBSYSTEM

The new data handling requirements of the science instruments have
resulted in modifications to the Science Data Subsystem. The descrip-
tion contained in this addendum is a total rewrite of Section VIII

P. SCIENCE DATA SUBSYSTEM contained in the Orbiter baseline docu-

ment.

The Science Data Subsystem (SDS) is the data handling system for

the science payload. It controls and sequences the science instruments,

samples and converts the resulting data into digital form, accomplishes

any necessary on-board processing, provides temporary (buffer) stor-

age, and formats and routes the data to both the Flight Telemetry Sub-

system (FTS) and Data Storage Subsystem (DSS) for direct or delayed
transmission to Earth. The SDS exchanges commands with other sub-

systems aboard the spacecraft which pertain to the operation of the

science payload.

The major differences between the Viking Orbiter SDS and the Mari-

ner '71 DAS are due to the change in payload, increased flexibility re-

quired in sequencing the instruments and in constructing formats. This

flexibility is required in order to sequence instruments in a manner

which will make the best use of information obtained from previous

spacecraft orbits and the Lander.

The SDS will produce three data streams. Two of these data streams

will be provided to the Flight Telemetry Subsystem for direct transmis-

sion. The higher of the two (block coding mode) will be used when a

Z10-foot antenna is available and the low rate at other times. The high

rate will be progressively lowered from 16. Z K bps to 8. 1 K bps to

4 Kbps as transmission conditions degrade during the progress of the

mission. The low rate will be 133 1/3 bps.

The 16.2 K bps, 8. 1 Kbps, and 4 K bps data streams will consist

of all science data, selected TV picture elements, and appropriate status

and formatting data. The 133 1/3 bps Real Time (RT) stream will have

-9-
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selected portions of science, TV engineering status_and SDS status and

formatting data. Flexible formats will be particularly valuable in making

optimum use of these lower data rates. Appendix 4 shows a functional

block diagram of the SDS.

The third stream of data consisting primarily of TV will be sent to

the DSS on parallel lines. This digital TV data (an analog to digital

conversion of the TV video signal) will be buffered and formatted by the

SDS for recording by the DSS on parallel tracks. TV line format coding

and other non-TV science data will be interleaved into each parallel line

during the TV retrace time.

The science data must be buffered during the time that TV data are

being recorded. A core memory similar to the Mariner '71 design will

be used during these periods. The memory will contain a stored library

of fixed formats as well as reprogrammable formats to accommodate

different mission phases and contingencies. Coded commands received

by the SDS to be used for controlling formats and sequencing will be

routed to the buffer memory for storage and processing.

The third use of the memory will be in the implementation of a non-

volatile frame count. This will guarantee continuity of science data

throughout the 60 or more days of the orbital mission.

The volume required for the SDS will be approximately 500 cubic

inches. The power will be about 20 watts, and the weight about 16 pounds.

An operating temperature range of -20°C to +90°C will be defined as a

design goal.
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F. SCIENCE

The baseline model payload of orbiter science instruments has been

updated to provide a set of instruments that more nearly reflect the

capability required to meet the mission objectives. The new instrument

requirements contained in this addendum replace thescience instrument

discussions contained in Section VIII R. SCIENCE of the Orbiter Baseline

Document.

1. Imaging e

The purposes of the orbiter imaging investigation are to aid in

the selection of landing sites for the Viking landers and for future mis-

sions, to monitor the region surrounding the lander, and to study the

dynamic characteristics of Mars. The geometric resolution of the orbi-

ter imaging system is to be 30 meters per line or better at a reference

altitude of 1000 km with image smearing from orbiter motion to be less

than 50 percent of this resolution. Prior to lander separation, it is

required from the near periapsis portion of the orbit to cover completely

with contiguous pictures a swath at least 40 km cross-track by 500 km

down-track on a single orbital pass. The near periapsis coverage re-

quirement after lander separation is to obtain complete coverage with

contiguous pictures of an area at least 50 km in radius centered on the

lander on a single orbital pass. The capabilities provided to accomplish

the above requirements will be utilized to accomplish the other cited

purposes. To obtain both broad area and high resolution coverage, it

is required that imagery be obtainable from the periapsis and apoapsis

regions of the orbit using the same imaging system. The dynamic

range is to be 100 to 1, and the sensitivity is to be sufficient to obtain

pictures as close to the terminator as practical and to use three color

filters.

The imaging subsystem consists of t_o identical telephoto cameras.

Each camera is expected to be a cylinder approximately 38 inches long

by 6 inches in diameter. Total instrument weight is expected to be 65

pounds. Primary power consumption is 45 watts average.
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2. IR Radiometry

The objective of the IR radiometry investigation is to obtain sur-

face temperature data to accomplish the same purposes as cited for the

imaging investigation. The IR radiometer is to be boresighted with the

imaging system, is to have the same coverage requirements, and is to

be operable from the periapsis and apoapsis regions of the orbit. The

temperature resolution is to be at least +l°K at 200°K and the measure-

ment range is to be 150°-300°K. At a reference altitude of 1000 km,

the spatial resolution is to be 10 km 2 or better after the lander has sep-

arated from the orbiter. Prior to separation, integration of the data

over a larger area may be employed to achieve the required thermal

resolution.

This instrument is expected to be approximately 8 inches square

by 12 inches long. Total instrument weight is set at a maximum of 15

pounds.

3. IR Spectrometry

The objective of the IR spectrometry investigation is to determine

the horizontal distribution of water vapor to accomplish the same pur-

poses as cited for the imaging investigation. The IR spectrometer is to

be boresighted with the irra ging system, is to have the same coverage

requirements, and is to be operable from the periapsis and apoapsis

regions of the orbit. The water vapor measurement range is to be

5-100/_ precipitable water with a resolution of at least 1/_at 20_.

The spatial resolution is to be 20 km 2 or less after lander separation.

Prior to lander separation, integration of the data over a larger area

may be employed to achieve the required water vapor resolution.

This instrument is expected to be approximately 7 inches square

by 25 inches long. Total instrument weight is set at a maximum of 20

pounds.

-12-
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Appendix 1 - Revised Power Requirements - Orbit Insertion Maneuver (Battery Only)

Main Inverter (2.4 KHz)

Flight Telemetry System

Flight Command
CC &S

Pyro
Power Distribution

Attitude Control System
Radio Frequency System

Gyro No. 1
SCN Electronics
Thermal Control No. 1

Data Storage System
Relay Radio Receiver
Relay Telemetry System
Antenna Pointing
Science

Sub Total

Efficiency

Total

Gyro No. 2 (400 HZ)

Efficiency

Total

SCN Motor

Reg. Converter (28 VDC)
Valve
Gimbal

Efficiency

Total

Total Required Boost Regulator Output

Efficiency

Total Boost Regulator Input

Unreg. Power Required

Boost Regulator Input
Thermal Cont No. 3

Battery Charge

Boost Reg Fail Sensor

Orbit Orbit
Orbit Ins ertion Ins ertion

Insertion Maneuver Maneuver
Maneuver Burn Unwind

15.0
3 5

22 5

1 0

2 25

512

24 0

I0 0
4 7

0

0

0

0.5
3.0

0

137.65

•898

153.29

9.0

.775

11.6

0

0
10.0

.87

11.4
176.29

.88

200,32

200.3Z

0

1.0

1.5

15.0

3.5

22.5

1.0

2.25

51.2

24.0

I0.0

4.7

0

0

0

0.5

3.0

0

137.65

•898

153.29

9.0

•775

11.6

0

78.0
10.0

.87

101. 15
Z66.0

• 886

300.27

300.27
0

1.0

1.5

15 0

3 5

22 5

1 0

2 2.5

512

24 0

I0 0

4.7

0

0

0

0.5

3.0
0

137.65

•898

153• 29

9.0

•775

II.6

0

0

0

0

0
164.89

• 878

187.8

187.8
0

1.0

1.5
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Appendix I - Cont.

Main Inverter (2.4 KHz}

TWT

Relay Radio Transmission
Thermal Cont No. 2

Lander

Sub Total

Power Source & Logic Elf.

Total Raw Power

Orbit

Insertion

Maneuver

99.0

0

0

15.0

316.8

.97

327w

Orbit

In s e rtion

Maneuve r

Burn

99.0

0

0

15.0

416. 77

.97

430w

Orbit

Insertion

Maneuver

Unwind

99.0

0

0

15.0

304. 3

.97

314w
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NOTI(;E TO PROPOSING CONTRACTORS,

REQUEST FOR PROPOSAL IJ10-9800

This document describes lhe Government furnished

Viking Baseline Orbiter Conceptual D_,sign. Included are

the assumplions, guidelines and constraints lhal served

as a focus for _he design. The contractor shall use this

document as required to support his effort during the

proposal and pre-negotiation phases of this contemplated

procurement. The final Orbiter design will be established

by the Langley Research Center following contract

go-ahead.
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GLOSSARY

VIKING FLIGHT HARDWARE TERMINOLOGY

VLC

VL

Bioshield Cap

Bioshield Base

VLC Adapter

VO

VS/C

Launch Vehicle and

Spacecraft Adapters

LV

Encapsulated

Assembly

Viking Space Vehicle

Viking Lander Capsule - All elements of the

Lander Capsule (Bioshield, Aeroshell, Parachute,

Lander, etc.} transported to Mars by the Orbiter.

Viking Lander - Those hardware elements which

accomplish the soft landing on the planet surface.

The section of bioshield jettisoned prior to Lander

separation.

The bioshield afterbody which remains attached to the

Orbiter after the Lander separation.

The interstage structure which joins the VLC and

VO, and which is integrally attached to and jettisoned
with the bioshield base.

Viking Orbiter - The flight article which transports the

VLC and delivers it to the release point in Mars orbit.

Viking Spacecraft (VS/C) The VLC-VO combination

excluding the LV to VS/C adapter.

(a) LV adapter - The adapter located below the field

joint and integral with the Centaur.

(b) S/C adapter - The adapter located above the field
joint and which incorporates an isolation diaphragm.

Launch Vehicle - The Titan/Centaur modified for the

Viking mission.

The Viking Spacecraft (VS/C), the S/C adapter,

and the nose fairing.

The entire vehicle that leaves the Earth's surface

consisting of the Launch Vehicle and Encapsulated

Assembly.

Xv
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ABBR]E VIATIONS

The abbreviations used in this Viking document are as follows:

A

A/C

AID

AFETR

AGC

AJ

AMB

AOS

APAC

APS

A/PW

BC

BCJ

B/It

BII_

Cabling

CC

CC&b

CPS

CPT

CRS

CS

DAS

VLC adapter

Attitude control subsystem

Analog -to-digital

Air Force Eastern Test Range

Automatic gain control

VLC adapter jettison event

Altitude marking radar

Acquisition of signal

Antenna pointing angle change

Apsidal rotation angle

Analog-to-pulse-width conw_rter

Bioshield cap

Bioshield cap jettison event

Blockhouse

Boost regulator

Cabling subsystem

Coded command

Orbiter central computer and sequencer subsy._t_,m

Capsule power system

Charged particle telescope

Capsule radio system

Capsule separation event

Data automation subsystem

xvi
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DC

Devices

DFR

DMJ

DSIF

DSJ

DSN

DSS

DTM

DTR

E + time

EMI

FCS

F/F

FSK

FTS

h
a

HGA

h
P

IB

INC

IR IS

IRR

IRS

IRU

GLOSSARY

Direct command

Mechanical devices subsystem

Dual frequency receiver

Computer Instruction - Decrement minute and jump

Deep Space Instrumentation Facility

Computer Instruction - Decrement second and jump

Deep Space Network

Data storage subsystem

Development test model

Digital tape recorder

VLC entry plus a designated time

Electromagnetic interference

Flight command subsystem

Flip- flop

Frequency- shift-keyed

Flight telemetry subsystem

Altitude of apoapsis

High gain antenna

Altitude of periapsis

VO insertion burn

Orbit inclination

Infrared interferometer spectrometer subsystem

Infrared radiometer subsystem

Infrared spectrometer

Inertial reference unit

xvii
(



Project Document No. 611-2

JPL

L + time

LCE

LC&S

LOS

M + time

M69

M71

MM71

MOS

NAA

NA SA

NRZ

OD

OI + time

OPS

P

P + time
1

PAS

PCM

PIV

PLL

PN

Prop

G LOSSA R Y

Jet Propulsion Laboratory

Launch plus a designated time

Launch complex equipment

Lander computer and sequencer

Loss of signal

Maneuver initiation plus a designated time

Mariner 1969 spacecraft

Mariner 1971 spacecraft

Mariner Mars 1971 Project

Missions operations system

Narrow angle acquisition

National Aeronautics and Space Administration

Non-return to zero

Orbit determination

Orbit insertion plus a designated time

Operations

Period of orbit

First periapsis after orbit insertion plus a

designated time

Pyro arming switch

Pulse-coded modulation

Planet in View

Phase-locked loop

Pseudo-noise

Propulsion subsystem

xviii
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P + time
s

PSK

PSL

PTM

Pwr

Pyro

QC

RFS

rm8

RRS

RT

RTS

RZ

S + time

SAF

SAM

sic

SDS

SE

SIA

SIT

SPE

SIS

STC
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GLOSSARY

First periapsis following capsule separation plus a

designated time

Phase- shift-keyed

Power source logic

Proof test model

Power subsystem

Pyrotechnic subsystem

Quantitative command

Radio frequency subsystem

Root mean square

Relay radio subsystem

Real time

Relay telemetry subsystem

Return to zero

Launch vehicle/spacecraft separation plus a
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SECTION I

INTRODUCTION

In response to a request by NASAts Langley Research Center, the Jet

Propulsion Laboratory prepared this report which documents in detail an

orbiter conceptual design which is to be used as a baseline design for the Viking

mission. The Viking mission concept is to send two spacecraft to the planet

Mars in 1973. These two spacecraft will consist of a Surveyor-type soft-lander

mated to a Mariner 1971-class Mars orbiter. Hence, this document describes

the conceptual design of such an orbiter.

The Viking mission is but one of a group of missions directed towards

the exploration of the planet Mars using unmanned automated spacecraft. The

first mission to explore the planet Mars was Mariner IV which was launched in

November, 1964. This first mission obtained scientific information of the planet

while performing a 'Kly-by '_ of the planet in July, 1965. Mariner IV obtained

scientific information about the planet Mars which significantly advanced the

knowledge of the planet beyond the measurements capable from the surface of

the Earth. These scientific measurements included imagery of the Mars sur-

face, an indication of no appreciable magnetic field or trapped radiation, and

a measure of the atmosphere with the RF occultation experiment.

There are two additional missions in the implementation phase for the

exploration of the planet Mars; Mariner J69 and Mariner J71. Mariner '69

is to be launched in early 1969 for an expected encounter in August, 1969. The

Mariner 169 mission will send two spacecraft whose objectives are;

Primary -- to conduct flyby missions in order to make exploratory

investigation of Mars which will set the basis for future experiments, particu-

larly those relevant to the search for extraterrestial life.

Secondary -- to develop technology needed for the succeeding Mars

missions.

The experiments chosen for the _69 mission were a dual resolution

imagery, IR radiometry, IR spectrometry, UV spectrometry, RF occultation

and celestial mechanics.
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The Mariner '71 mission will place two spacecraft into Mars orbit.

The _71 spacecraft are to be launched in May 1971 with an expected encounter

in November, 1971. The mission objectives of Mariner _71are to provide

broad topographic and thermal coverage of the planet, to study the seasonal

variations in the atmosphere and on the surface, and to perform other long term

dynamic observations. Mariner w71design will permit the study of dynamic
characteristics of the planet from orbit for a minimum period of 90 days.

During this period, scientific data will be obtained on the atmospheric com-

position, density, pressure, and temperature. Data will also be obtained on

the surface composition, temperature, and topography. Approximately 70%

of the planet's surface will be covered by some of these scientific measure-
_Tlel_t S.

The science experiments chosen for the Mariner '71 mission were;

dual resolution television, ultraviolet spectrometer, infrared interferometer

spectrometer, infrared radiometer, charged particle telescope, dual frequency

receiver, X-ray particle detector, and celestial mechanics.

The Viking mission program management is under the direction of

NASA's Office of Space Science Applications, Planetary Programs Division.

The Langley Research Center has the over-all project management responsibility

and direct responsibility for managing the lander portion of the project. The

Jet Propulsion Laboratory has the management responsibility for the orbiter

portion of the spacecraft.

A general mission summary of the Viking mission used for baseline

orbiter conceptual design is presented in the following section of this document,

and the remainder of the document treats almost exclusively the orbiter base-

line concept with a section in the appendix dealing with the orbiter-lander

interface area.
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SECTION II

MISSION SUMMARY

The Viking mission':: concept used for the baseline conceptual design

would be to launch two spacecraft about 10 days apart, using the Titan/Cenlaur

as the launch vehicle in mitt-1973. Each of these tw,, spacecraft would consis!

of a Surveyor-type lander and a Mariner-class orbit_,r. These spacecrafl

would arrive at the planet Mars, still separated by ab,)ul 10 days, approxi-

mately seven months after launch. During the interplanetary cruise peric_d lhe

orbiter would supply power and communications supp,_rl t{_ the lander.

Upon arrival at the planet Mars, the orbiler propulsion system would

be used to place both the orbiter and lander into orbit about Mars. During lhe

initial orbital period, the orbiter would provide reconnaissance of l_)tential

landing sites. Subsequent to the landing reconnaissance phase, but prior t_

the release of the lander from the orbiter, the orbit would be trimmed to

become synchronous with the selected landing site. Afler a suilable landing

site has been selected and orbit trimmed, the lander would be detached and

would soft-land using the terminal landing phase techniques developed for lhe

Surveyor and the Apollo Lunar Module. The orbiter w,)uld perform as a relay

satellite during the entry phase of the lander into the Martian atmosphere lo

gather scientific information of the entry from the lander.

After the lander has reached the surface of lhe planet the orbiter will

continue to provide relay support for the lander. This support will continue for

a period of at least three days. At the conclusion ot lhese three days of

functioning as a Mars relay satellite, the orbiter would be free lo function

independent of the lander and perform further reconnaissance _f the Mars sur-

face for the next 90 days, except for reestablishment of the relay link at least

three times in the 90-day period.

The lander, once upon the surface of Mars, would proceed to carry out

the assigned lander scientific objectives and transmit the data via relay link or

directly to Earth. The lander would continue to transmit scientific information

to Earth for a period of at least 90 days.

""For actual Viking Mission definition refer to Viking Project Document
M 73-101-3
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SECTION Ill

ORBITER OBJECTIVES AND CONSTRAINTS

The primary objective of the Viking mission is lo obtain information

pertaining to the existence and nature of life on Mars, lhe atmospheric and

surface characteristics of the planet, and the nature of the planetary environ-

ment. The specific objective of the orbiter portion of the orbiter-lander space-

craft are focused upon delivery of the lander into orbi! around the planet, to

provide orbital reconnaissance for the determination _f suitabh_ landing sites,

and to support the lander as a relay satellite. In addition, the orbiter shall

perform orbital reconnaissance of Mars to characterize the planetary

environment.

The specific guidelines and constraints which were imposed on the

Viking mission, as affecting this baseline conceptual design, were:

1)

z)

3)

4)

5)

6)

7)

8)

9)

10)

Two Titan/Centaurs as launch vehicles.

Single launch complex (serial launch)

Two spacecraft -- one lander and one orbiter per spacecraft.

Out-of-orbit delivery of the lander.

Nominal lifetime of lander and orbiter; 90 clays after lander

touchdown.

Orbiter acquires lander and orbiter data with lander data as

primary.

Orbiter design to incorporate relay satellite capability to support

lander during entry phase, initial landing phase, plus three

selected periods during mission lifetime.

Lander has direct-link capability.

Three 210' Deep Space Net antennas are available.

Orbiter conceptual design compatible wilh orbits specified by

Langley Research Center:

a)

b)

c)

d)

Period - 24.6 hours

Periapsis - 1,000 km

Apoapsis - 33,000 km

Inclination- 40 °
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11)

12)

13)

14)

1 5)

16)

17)

18)

Orbiter conceptual design must be compatible with possible

Sun occultations.

Maximum lander weight of 1800 lbs.

Orbiter impulsive AV capability of 1350m/sec for orbit

insertion maneuver.

Orbiter capable of several orbit trims.

Orbiter Science Payload = assumed for this conceptual design

a) TV

b) IR Radiometer

c) IR Spectrometer

d} IR Multidetector Spectrometer

Orbiter relay link capable of 107 bits/day during relay periods.

Orbiter capable of ranging.

Orbiter telecommunications capable of supporting engineering

telemetry during all maneuvers.

3-2
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SECTION IV

ORBITER SCIENCE OBJECTIVES

NOTE:

The orbiter science objectives section of this

document prepared by the Jet Propulsion Laboratory

in the development of the orbiter conceptual design

has been purposely removed at the request of the

Langley Research Center. The proposers on

L10-9800 are requested to refer to the Viking Pro-

ject Mission Definition document number M73-101-3,

page 6, section 4.2, for orbital science objectives.
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SECTION IV

ORBITER SCIENCE OBJECTIVES

A, OVERALL MISSION OBJECTIVES

The scientific goals of the NASA planetary exploration program with

specific relation to Mars are to acquire information relevant to the origin and

evolution of the planet and to the origin, evolution, and nature of life, and to

apply this information to the understanding of our own home planet and of life

upon it. The objectives of the Viking lander and orbiter, in turn, are to con-

tribute to these program goals in ways that are appropriate to each.

Because of the acknowledged overriding importance of the search for

life on Mars and the urgency of making major progress on this search before

it is compromised or confused by external contamination of the planet, it is

proper for this first Viking mission that all objectives should be evaluated in

terms of their contribution to this search. By this it is not implied that our

interests are entirely limited to this objective, since almost all aspects of

Mars are relevant to the biological question. On the contrary, the primacy

of the biological objective will place no great limitation on the type and use of

the information to be gained.

The principal biological questions to be asked about Mars in this and

subsequent missions are:

1)

2)

3)

4)

Are there any visible signs of life ?

Does the chemistry of the surface and atmosphere suggest

the presence of life ?

Is it possible to establish the presence of active biochemical

processes ?

What are the main environmental constraints for life on Mars?
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B. GENERAL ORBITER OBJECTIVES

The Viking orbiter's mission will comprise three principal tasks:

1)

2)

3)

To determine the optimum landing site

To support and supplement the scientific observations of

the lander

To conduct additional independent scientific investigations

Although the tasks will in general be performed in the order listed, they will

be overlapped and interwoven to an extent.

It is generally acknowledged that information obtained from Mars orbiters

is not likely to give conclusive evidence either for or against the existence of life

on the surface. Hence, the prime scientific objective of the Viking orbiter is to

place the lander in the most advantageous position for it to obtain the evidence

Landing site surveillance is discussed in more detail in section V. The site

should have two main characteristics: it should be safe for landing, and it should

be of potential biological interest. The surveillance should seek to maximize the

probability that these criteria are satisfied. The properties that are commonly

assumed to identify favorable sites for biological exploration and that can be

detected from an orbiter are:

1)

z)

3)

Locally elevated surface temperature

Unusually high water concentrations

Visual changes, particularly of a seasonal nature,

surface features such as color or albedo

in

In support of the lander's scientific objectives, the orbiter will relay the

lander's data output back to Earth. In addition, by means of its own scientific

instrumentation, it will:

1)

z)

Attempt to determine precisely the location of the lander in

relation to visible topographic features

Define the environment of the lander, observing and measuring

as many environmental parameters as possible
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3) Monitor temporal changes in this environment so that specific

lander experiments can be programmed appropriately to obtain

maximum information.

The scientific mission of the orbiter will be chosen from among the

objectives discussed in the following section, constrained by the capabilities

of the instruments that are carried, and guided by knowledge from other sources.

In the listing of scientific objectives for Viking, no account has been taken of

the fact that certain of these may already have been fulfilled to a degree by

earlier Mars missions. Few if any fundamental questions about the planet are

likely to be completely answered by the early missioz_, and even regions that

have been very thoroughly examined will require reobservation because of the

great importance of temporal variations as indicators of biologically interesting

areas.

In the following discussions of specific scientific objectives for the

orbiter, an attempt has been made to indicate the relative importance when it

is clear, but practical considerations will determine which goals can actuall T

be pursued on this mission. Remarks relative to possible instrumentation

are included, but no prejudgment of their scientific or engineering feasibility

is implied.

Relevance of the objectives to the pre-landing (P), support (S), or inde-

pendent (I)phases of the orbiter's mission are indicated by code letters. In many

cases, of course, whether a particular investigation "supports" the lander will

depend upon where or when the observations are made or upon what phenomena

are actually discovered.
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Ci SPECIFIC OBJECTIVES -- CONFIGURATION AND ACTIVITY

Objectives related to structure and processes occurring below the

surface of the planet include the following.

1. Internal Mass Distribution and Dynamical Flattening (I)

If it is feasible to leave the orbiter free of nongravitational

forces (e.g., intentional orbit corrections) for a sufficiently long tiros, the

doppler and range tracking data may be able to map the gravitational field

around Mars more accurately than and in different regions from what has been

done by observation of the Martian satellites. This would determine the gravi-

tational flattening, and might uncover mass concentrations similar to those

recently detected inside the Moon.

2. Geometrical Asymmetry (1)

The oblateness of the mean surface is controversial because it

can be measured only inaccurately from Earth. The question has an important

bearing on the long term mechanical strength of the interior. Visual photography

and radar altimeter measurements could provide such information.

3. Differentiation (I)

The degree of chemical differentiation of the planet is one of its most

fundamental properties and crucial to the understanding of its formation. We

should particularly like to know whether Mars has internal density discontinuities

and a liquid core. If near-spherical symmetry exists, the orbiter tracking data

probably cannot detect differentiation. Measurement of an intrinsic magnetic

field, if it exists, would give some clues, however. A measurement of the

quantity of radioactive isotopes (potassium, thorium, and uranium) in the surface

would also give an indication of the degree o£ near-surface, crustal differentiation.

A gamma-ray spectrometer could provide this measurement.
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4. Orogenic and Volcanic Activity (P, I)

The search for large scale orogenic and volcanic activity is obviously

a prime objective of the optical imaging experiments. Extensive mountain ranges,

plateaus, basins, faults, or graben-like features would indicate that the planet

is orogenically active. Active fissures and thermal springfields could he indica-

tive of smaller scale processes occurring within the crust.

Evidence for volcanic extrusion or active emplacement of intrusive

igneous bodies might also be provided by thermal mapping with an infrared

radiometer or by a spectroscopic identification of anomalously high local con-

centrations of a characteristic effusing gaseous component or of water. The

biological implications of vulcanism are profound, since it can provide both

water and warmth.

5. Magnetic Field (I)

If an intrinsic magnetic field is detectable, determination of the

magnitude, direction, eccentricity, and multipole nature of the magnetic moment

will provide revealing clues to the internal structure.
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I). SPECIFIC OBJECTIVES -- SURFACE

Mapping of the surface (P, S, I), both extensively and intensively, is the

priJne objective of all early orbiters. In order that the Jnaps contain the maxi-

mum possible amount of information, a diversity of instruments is required, and

every effort should be made to achieve spatial and temporal correlation among

them. Visual mapping, preferably multicolor, locates the basic features.

Stereoscopic techniques and shadow observations can give altitude information.

Radar mapping can provide more details on altitude, and regions of unusually

low altitude {where the atmospheric pressure and temperature will be higher)

have more than average biological interest. An Ill spectrometer with high

spatial resolution could also give altitude based on the. range in CO z.

Other surface properties that should be included in the mapping are:

1)

z)

3)

Temperature, as indicated by infrared emission (P,S,I).

Thermal mapping might reveal vulcanism or hot springs.

It will also provide information about the possible physical

states of water. Day and night maps should be correlated

if possible.

The presence of surface water, subsurface water and

permafrost (P,S, I). It seems not improbable that water

may betray its presence to the TV camera as frost deposits

or stationary clouds. In addition, its detection on and in the

ground is feasible from an orbiter using radar operating at or

below 10 7 Hz.

Gross rock composition {I). Spectrometric scanning in the visible

and near and mid infrared can yield this information. Electronic

absorption bands in the near infrared caused by the transition

metals (iron in particular) vary in position according to the

volume state of the element. Iron-bearing silicate minerals can

be identified by this method. Frequencies of oxygen-silicon lattice

resonances in the 8-14 micron region dependent on minerology and

crystal structure. Materials such as basalt, chondrite, granite,

etc., can be distinguished by these methods.
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L

ter

4) Spectral reflectivity and polarization properties (I). Temporal

changes in all these surface characteristics (both diurnal and long

term) are of special importance. Hence, a premium should be

placed on observation of the same areas at the beginning and end

of the orbiter lifetime, and a reobservation of same areas observed

by the '71 orbiter.
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no SPECIAL OBJECTIVES -- ATMOSPHERE

I. Chemical Composition (S, I)

Atmospheric components in the upper atmosphere can be detected

by UV spectroscopy, which generally detects emission lines from atoms and

absorption lines from diatomic molecules, including ions and free radicals.

Altitude profiles can be obtained at high altitudes. Lower down this technique

is supplemented by IR spectroscopy, which detects absorption lines from

polyatomic molecules.

2. Water Vapor (P, S, I)

Water is considered to be probably the key to the biological

question, and an objective of surpassing importance is to obtain its

four-dimensional distribution (i.e., in latitude, longitude, altitude, and time)

in the lower atmosphere. Water vapor is detectable by an IR spectrometer or

a filtered IR radiometer and perhaps by a microwave radiometer. Visual detec-

tion of local clouds or snow associated with igneous activity is also a possibility.

3. Trace Constituents and Nonequilibria (S, I)

Since living organisms exchange materials with the atmosphere,

it is believed that the atmosphere will contain evidence of this interaction. This

idea is reflected in two theories: that there will be a shift in the thermodynamic

equilibrium of the atmosphere, and that there will be a diurnal cycling of some

minor constituents. Both these effects may be detectable spectroscopically.

4. Meteorology (P, S, I)

Measurement of the gross meteorological properties such as

temperature profile, circulation, and precipitation is an important objective.

Orbiter observations will complement lander data. Specifically, IR spectrometer

techniques will yield temperature profiles while the visible imaging may reveal

the presence and motion of clouds or precipitation. Simultaneous observation of

a cloud from the orbiter and the lander is an exciting prospect. Orbiter
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observations of cloud or storm motion might be used to program the schedule of

lander experiments.

5. Atmospheric Aerosols (S, I)

The presence of airborne aerosols (suspensoids consistency of

condensates of minor gaseous constituents and particulate matter) could severely

affect the interpretation of IR and imaging data. A search for and identification

of aerosols in the atmosphere must be included in the mission objectives.

6. Pressure and Temperature Profiles (I)

We should like to know how the altitude profiles of atmospheric

pressure and temperature vary with latitude, time of day, and season. UV

spectroscopy of Rayleigh-scattered radiation in the twilight layer gives the

density profile there; hence UV spectroscopy can determine the latitude and

seasonal effect at twilight. High resolution IR spectroscopy, in principle,

gives density and temperature profiles along the scan path in daylight if the

resolution is high enough and there are no significant concentrations of other

scatterens in the path. Microwave radiometry may also be a possibility.

Density profiles can be deduced from the effect of the atmosphere on the

telemetry signal when the spacecraft is occulted by the planet or on solar

photons (X-ray, UV, or visible) when the Sun is occulted.

7. Photochemical Processes (I)

The photochemical reaction products in the upper atmosphere

are detectable by a UV spectrometer. They may aid in the interpretation of

composition analysis or be indicative of the surface environment.

8. Exosphere (I)

A question of importance to understanding the history of the

atmosphere, is that of the mechanism by which light atoms escape from the

atmosphere and the rate at which they do so. On Earth the escape rate is
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controlled by the exosphere temperature, which can be measured by radiometers

or spectrometers in the UV. On Venus it appears that e×ospheric heating is

largely the result of impact of the solar wind on the upper atmosphere, and the

same is probably true of Mars. If so, orbiter measurements with a magnetometer

and a plasma probe would indicate the fact.
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F, ADDITIONAL OBJEC TIVES

Three categories of additional objectives can be identified. Each is

intrinsically interesting and could be investigated by an orbiter such as Viking.

Their relationship to the central scientific mission of Viking appears some-

what less direct, however, than those of the three categories discussed above.

I. Ionosphere (1)

The altitude profile of the electron density in the ionosphere can

be investigated by its effect on radio waves, either by the technique of the

"topside sounder", as has been done on Earth orbiters, or by the dual-frequency

occultation technique utilized on Mariner Venus and Mars missions. If the

solar wind actually strikes the top of the atmosphere, these measurements

should reveal it.

2. Environment (I)

Various environmental factors can be named. The effects of

solar radiations, including ultraviolet, X-rays, solar protons, etc., can

either be calculated or investigated on other space missions with more than

sufficient accuracy to define their effect on Mars. The same can be said of

cosmic rays. The solar-wind interaction has already been mentioned; it

could and should be investigated on some Mars orbiter -- not necessarily

this one. The micrometeoroid flux near Mars is unknown but probably not

important.

3. Satellites (I)

The two Martian moons are clearly interesting and important

subjects for future investigation, but they appear to have no relation to this

Viking mission, barring the unlikely chance that we might get a picture of one,

or the even more unlikely chance of a collision.
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SECTION V

MISSION ANALYSIS

NOTE:

The mission analysis section of this document

prepared by the Jet Propulsion Laboratory in the

development of the orbiter conceptual design has

been purposely removed at the request of the

Langley Research Center. The proposers on

L10-9800 are required to develop and supply such

analysis with respect to the mission objectives

specified in request for proposal L10-9800. All

pertinent guidelines and constraints have been

included elsewhere in the request for proposal.
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SECTION V

MISSION ANALYSIS

No INTRODUCTION

This section is devoted to the mission analysis considerations that

influence the spacecraft design. The broad mission guidelines are given in

sections III and IX. However, many additional guidelines and assumptions are

made in this section to allow the spacecraft design to proceed.

Included in this section are interplanetary trajectory selection and

characteristics, orbit selection and characteristics, landing site surveillance

and characteristics, orbiter propulsion velocity requirements and constraints,

and launch vehicle system.
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Bo INTERPLANETARY TRAJECTORY SELECTION AND

CHARACTERISTICS

1. Content

This section defines the Earth-to-Mars trajectory space which

the spacecraft design must accommodate. The required areocentric trajectory

space is defined in section V. C.

2. Trajectory Characteristics

The trajectory of the spacecraft may be divided into three

periods: near-Earth, heliocentric, near-planet.

The characteristics of the near-Earth trajectory are determined

by the launch date, arrival date, and launch azimuth. Specification of launch

date and arrival date defines the required energy and asymptote declination of

the departure hyperbola.

The spacecraft trajectory characteristics during the heliocentric

period are defined by the launch date and arrival date. The varying launch

times on any given day produce a negligible effect on the characteristics of the

heliocentric trajectory.

The trajectory characteristics for the near planet period are

determined by the launch and arrival dates and by the selected inclination,

periapsis and apoapsis altitudes, and the amount of apsidal rotation of the

elliptical orbit.

3. Trajectory Requirements

a. General

Two spacecraft are to be launched on close flyby trajectories

to Mars in 1973 such that the spacecraft can retro into near synchronous

elliptical orbits around the planet. The launches will be conducted from

a single launch pad utilizing the Titan/Centaur launch vehicle.
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b. Trajectory Type

Only Type I trajectories (those which have heliocentric

transfer angles less than 180 °) shall be used. These trajectories require

lower flight times, approach speeds, and communication distance at arrival

than the Type II trajectories (which have transfer angles greater than 180°).

c. Ascent Mode

The ascent mode from launch to injection will utilize the

parking orbit. A tentative parking orbit of 90 n.m. is being assumed, but

must be examined in detail for spacecraft heating considerations.

The minimum parking orbit coast times will be between

about 20 to 60 minutes for all trajectories under consideration. Final injection

location will take place roughly over the Indian Ocean for southeast launches

and in the Pacific Ocean for northeast launches (see Figure 5B-I).

The direct ascent mode cannot be used in 1973 because of the

significant payload losses which result.

d. Launch Azimuth

The total launch azimuth corridor to be used in 1973 will

be determined by the exact limits allowed by range safety. In addition, the

azimuth corridor will be constrained by the geometrical properties of the trajec-

tories as well as tracking coverage considerations.

Figure 5B-2 shows the geometrical restriction of launch

azimuth from Cape Kennedy as afunctionofdeclination of the departure asymptote.

The values of the asymptote declination in 1973 depend on launch and arrival

dates and vary between about +50 ° to +20 ° .

For planning purposes, the entire azimuth corridor of

45 ° to 115 ° is assumed available. Only a small sector of the corridor will be

used on any given launch date. The exact corridor will be established after

the range safety limits have been established and additional trade-offs per-

formed. The extreme northeast launch azimuths are desirable to increase

the total length of the launch period (see section V.B.3. fJ. However, their
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acceptability by range safety is in doubt since the launch vehicle will fly over

populated land masses in Europe (see Figure 5B-l).

e. Launch Windows

The daily launch window will depend on the exact launch

azimuth and corridor. A minimum daily window of 30 minutes is probably

acceptable.

f. Launch Period

The beginning of the launch period will depend on the exact

arrival date and will be restricted by the maximum allowable declination of the

departure asymptote. This maximum declination will be dictated by the mini-

mum launch azimuth allowed by range safety (for northeast launches} or by the

maximum allowed launch azimuth {if southeast launches are used). For an

azimuth limit of 45 ° , the asymptote declination must be less than about 50_;

for an azimuth limit of 65 ° or 115 ° , the declination must be less than about 36 _

(see Figure 5B-2).

The end of the launch period will also depend on the exact

arrival date and be restricted by the payload capability, or thus the geocentric

energy C 3. Estimates show that the maximum allowable C 3 for a 7335-1b

km 2 / 2spacecraft is about 20. 9 sec , using a 45 ° launch azimuth. This is shown

in section V.F. An additional small increase in C 3 can be accomplished by

increasing the launch azimuth (C 3 = 22. 7 for azimuth of 65 ° or 115°).

The length of the total launch period for the current mission

design is around 40-45 days using the extreme launch azimuth of 45 ° . This

launch period may be cut by as much as 20 to 25 days if the launch azimuth

limit is 65 ° or 115 °

g. Arrival Dates

The arrival date will be restricted by the hyperbolic ap-

proach speed, the desired landing site latitudes of the capsule, the desired in-

clination of the orbiter, and by any communication distance limitations imposed

by the lander or orbiter.
5B-5
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Currently the hyperbolic approach speed must be kept less

than about 3.3 km/sec for the conceptual spacecraft design and orbit design

of section V. C.

h. Launch and Arrival Date Corridor

Figure 5B-3 shows the permissible launch and arrival date

corridor that appears consistent with the previously mentioned guidelines.

The two traces for spacecraft 1 and 2 indicate the launch and

arrival dates of the two spacecraft to obtain an orbital inclination of 40 ° and to

land the capsules at Martian latitudes of 10 ° and 20 ° north, respectively, after

10 days in orbit. The requirements which can be satisfied are: the capsule can

land at an angle of 30 ° from the evening terminator; the true anomaly of the

impact point can be -15 ° (PER); apsidal rotations are allowed within the orbit

insertion impulsive AV allocation of 1350 m/sec. The two traces will vary as

the above parameters (e.g., orbital inclination, landing site latitude, time in

orbit before capsule separation, etc.) are varied.

i. Arrival Separation

Because of mission operation considerations, the arrivals of

the two spacecraft should be separated by an adequate margin. Preferably,

the final lander evaluation should be obtained before the final de-boost into

initial orbit for the second spacecraft.

For planning purposes the arrival separation will be

assumed greater than the time that the first lander is kept in orbit (a maximum

of 30 days) plus 5 days of lander evaluation.

j. Arrival Times

Arrival at Mars (orbit insertion) will occur over a 210-ft

DSN tracking station. The current guideline is that three DSN 210-ft antennas

will be available to support the Viking mission. Thus, the spacecraft will be

in view of at least one station at any time of the day. Therefore, the exact

arrival time will be selected on the basis of landing site surveillance and

longitudinal accessibility.
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. Baseline Trajectories

Two baseline trajectories, called A and B in Figure 5B-3, were

given to the orbiter design team for detailed studies. Some of the character-

istics of these two trajectories are given in Table 5B-1.

a. Mars Approach

Figures 5B-4 and 5B-5 show the view of Mars for the two

trajectories as seen from the approach asymptote of the hyperbolic orbit. The

plane of the paper is defined to be the aiming plane for the hyperbolic tra-

jectory. The edge view of the desired elliptical orbits are also shown (for

orbital inclination of 40 °).

b. Orbit Insertion

Table 5B-2 gives the characteristics of the minimum im-

pulsive transfers into the desired elliptical orbits. The actual ,burn will take

up to 45 minutes and will be approximately symmetrical about the impulsive

transfer point.

c. Earth Related Information

Figures 5B-6 and 5B-7 show the station views of the space-

craft on the arrival dates of the two baseline trajectories. Figure 5B-8 shows

the Earth-to-Mars communication distance as a function of time.

5B -8



Project Document No. 611-2 Section V

O

L)

Q

O

©

U

u

I

>-

O

Z
w
..J

w

Z

O

b

O_U _

<:.S _ Z

>-0

_0
_0_

Z

o

8

r-.

r_

>- >-

5B-9



Project Document No. 611-2 Section V

O
k--

v

E
>.

<

k)

0d
O

<

E
o

_o

I

u_

5B-10



Project Document No. 611-2 Section V

Z

O

! O

C

©

<

E
©

_q

O

_>

,g
I

O

5B-11



Project Document No. 61 I-2 Section V

..-4

°_-_

q_

©

4_

.I=

L_

.,.'4

<

!

LiD

Z

2

Ii
zz

8_

U

z
O
m

z

z

m

-r

i

>-

!
>-

==-12 .5@



Project Document No. 611-Z Section V

I I I I

o

6op ']IONV NOIIVA]I]

I



Project Document No. 61l-2 Section V

O
o-

I 1 ! I

1

5B-14



Project Document No. 611-2 Section V

I

1 I I 1 I

1 I I

us_1 jo sUO!l I!,- '-1:)NVLSI(] NOIJ.V:)INnWWo:) S_IVW-NI_IV]

5B-15

C?

o

E
O

O3

!

4-J

h_

o;
f

ca
U'3



Project Document No. 61 1-2 Section V

Ca ORBIT SELECTION AND CHARACTERISTICS

1. Requirements on the Orbiter

The orbiter must satisfy two primary requirements which in-

fleunce the orbit selection. These are to provide support for the lander and

perform scientific reconnaissance of the Martian surface. In the ensuing dis-

cussion, the orbit is divided into phases, the purpose of each phase being to

meet the requirements placed on the orbiter which are peculiar to that phase.

Each of the orbiter requirements can be sub-divided as follows:

a. Lander Support

(1)

(2)

(3)

Landing site surveillance -- The orbiter is to pro-

vide TV and IR surveillance of all potential

landing sites over all longitudes.

Capsule delivery -- The capsule will be deflected out

of a synchronous orbit. The orbit must be trimmed

to Mars synchronous, and the capsule must be re-

leased at the proper time and in the proper direction

to ensure favorable entry geometry (i.e., controlled

flight path angle at atmospheric entry, acceptable

post-landed view from orbiter on landing pass, etc.).

Lander relay -- The orbiter is to provide a real-time

data relay link between tile lander and Earth during

capsule approach and atmospheric entry and for as

long after touchdown as is possible on the first pass.

The relay link must be re-established on the next

three passes over the lander. Subsequent to this

initial relay period the orbiter will perform a trim

maneuver to de-synchronize its orbit, but not before

the direct telecommunication link has been established

between the lander and Earth. After the orbit is de-

synchronized, the orbiter is required to pass over

the lander and re-establish the relay link once a

month for the next 90 days.

5C-I
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b. Scientific Reconnaissance of Planet Surface

After the inital lander-orbiter-Earth relay period, the

orbiter will change its orbital period so as to survey the planet over all

longitudes. Its sole lander support function will be to provide a real-time data

link at monthly intervals. However, should the lander direct link fail, the

orbiter must then position itself in synchronous orbit which passes over the

lander and provide a data relay link for the lander.

Z. Orbit Constraints

The orbit is constrained in two ways. They are: spacecraft

energy limitations and spacecraft engineering requirements.

a. Energy Constraints

Energy constraints are those which bound the orbit selection

process by defining the maximum variation in orbital elements which is within

the orbiter's energy capability. The orbiter will have velocity capability

sufficient to transfer from a hyperbolic approach trajectory into a near-

synchronous orbit, plus the capability to perform several trim maneuvers.

(1)

(2)

Inclination angle -- Since the energy required to

change the orbital plane is high, this type of maneuver

is ruled out. Thus, orbit inclination angle is con-

strained to be no smaller than the angle between the

incoming asymptote and Mars' equator. So, for a

spacecraft arriving February 25, 1974, i > 16. 1 deg,

and for a spacecraft arriving March 30, 1974,

i > 15.9 deg.

Apsidal rotation -- The transfer from hyperbolic to

elliptic orbit is accomplished with minimum energy

if the transfer is performed at hyperbolic periapsis

to elliptic periapsis (so-called periapsis-to-periapsis

transfer). The line of apsides of the elliptic orbit

5C -2
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can be rotated at the time of orbit insertion by per-

forming the transfer at so,_lc l_()int other than hyperbolic

periapsis; this is illustrated in Figure 5C-1, where

the angle APS is the apsidal r,)tation induced at the

time of orbit insertion. If aJ_ apsidal rotation is in-

duced at orbit insertion, the orbiter must pay in re-

duced velocity capability. So, although it is not pos-

sible at this time to place a hard constraint on APS,

it can be said that there is a trade-off between APS

and orbiter velocity capability. The velocity required

to achieve an apsidal rotation is illustrated in Figure

5E-l, which shows minimum orbit insertion velocity

as a function of APS for three approach velocities,

2. 7. 2.85, and 3.0 kin/see.

b. Engineering Constraints

Engineering constraints are those which bound the orbit

selection process so as to ensure that various engineering requirements are

met. The engineering constraints on the orbit apply to occultation of the Sun

and Earth as seen by the orbiter.

(1)

(2)

Sun occultation -- The orbit must be such that the Sun

is not occulted until the capsule is separated from the

orbiter. This is necessitated by the many activities

(e.g., orbit insertion, orbit trims, landing site sur-

veillance, capsule separation) which require batter_/

I_)wer. After capsule s_,paration, the battery con-

straint will relax and the orbiter can tolerate

successive Sun occultations of approximately 3 hours

duration. Figure 5C-2 shows the period of Sun

occultation as a function of the number of days in

orbit for the two reference trajectories. Both

orbits are inclined 40 degrees to Mars' equator.

Earth occultation -- The orbit must be such that the
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Earth is not occulted during any maneuvers which

require that the orbiter roll axis be off the Sun line.

3. Orbit Characteristics

The general satellite orbit parameters are shown on Figure 5C-3.

Periapsis altitude, h , is a flexible parameter; however, the bulk of the
analysis to date is baPsedon a periapsis altitude of 1000 km. The requirements

placed on the orbiter dictate the following orbit characteristics.

a. General

(l) Orbital period -- The spacecraft must be inserted

into a slightly non-synchronous orbit to allow landing

site surveillance over all longitudes. The actual

period that is selected will depend on the time period

which it is desired to devote to scanning 360 ° in longi-

tude. Figure 5C-4 shows the required variation in

period from synchronous as a function of time to cover

the planet.

The period must be synchronized before the capsule is

separated, and it must remain synchronous for at least

three succeeding revolutions. Mars' period of rotation

is 2-4. 623 hours; if Mars were a perfect sphere, this

would be the period to synchronize the orbiter with the

surface. However, because Mars is an oblate spherioid,

the longitude of the ascending node (f_) regresses (i. e.,

it moves westward). This is illustrated in Figure 5C-5,

which shows the nodal regression rate as a function

of inclination angle. Hence, the period must be ad-

justed to account for nodal regression. Figure 5C-6

shows the period which synchronizes the orbit as a

function of inclination angle. (Another effect of Mars'

oblateness is that the argument of periapsis (_o) advances.

Figure 5C-7 shows the apsidal precession rate as a

5C-6 _,
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(2)

function of inclination angle for a synchronous orbit

with periapsis altitude of 1000 km).

To go into the scientific reconnaissance phase, the

period must be adjusted to allow full longtudinal coverage

of the planet. The orbiter is required to pass over the

lander once a month for the next 90 days. From

Figure 5C-4, a period adjustment of approximately

+. 75 hr from synchronous would cause the orbiter to

return in about 30 days.

The initial period is defined by the energy removed

from the spacecraft trajectory at the time of orbit

insertion. This subject, plus a discussion of the

velocity required to change the period, are presented

in Section 5E.

Inclination angle -- The choice of orbital inclination

is governed by the somewhat competing desires to

perform scientific reconnaissance over much of the

planet surface and to land and support the capsule

in the latitude band between 0 and 30 degrees North.

The former desire suggests high inclinations to cover

a wide range of latitudes, while the latter desire suggests

lower inclinations to increase dwell time over the lower

latitudes and thus improve chances of placing the lander

in a desired region under favorable conditions (light-

ing, etc.).

The orbital inclination is defined at the time of orbit

insertion by selection of 8, the aim point polar angle

in the R-T plane.* Table 5C-I shows the relationship

The K-T plane and the aim point in the plane are illustrated in Figures 5B-4
and 5B-5.
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between O, the aim point polar angle (measured

clockwise from the T-axis), and orbital inclination for

the arrival dates corresponding to the two reference
trajectories.

b. Implications of Capsule De-Orbit, Approach, and Entry

Figure 5C-8 illustrates the orbit and de-orbit geometry.
The angle PER is the central angle from spacecraft periapsis to the lander

touchdown point at the time of touchdown, measured in the direction of space-

craft motion. BLOOK is the angle from the local vertical at the lander to the

orbiter. When the orbiter is approaching, BLOoKiS negative, and, when it is
departing, BLOOK is positive.

With these definitions in mind, attention is directed to

Figures 5C-9 to 5C-13, which are plots of capsule flight path angle at atmos-

pheric entry (altitude _-243. 8 kin) vs bus time, where bus time is the ti,ne from

touchdown until the spacecraft passes directly over the lander, h is the
P

periapsis altitude in kin, and DELV is the capsule deflection velocity in
meters/sec. Figures 5C-9, -10, and -11 are for h = 1000 kin, and DELV =

P
100, 150, and 200 m/sec, respectively. Figures 5C-12 and -13 are for h =

P
2000 kin, and DELV = 150 and 200 m/sec, respectively. Superimposed on

Figures 5C-9 to -13 are contours of constant PER and constant ET (entry time),

the time from deflection to atmospheric entry. The line labelled "BLooK = -75°"

represents the constraint imposed to meet the requirement that BLOOK >__-75 deg

at touchdown; any point to the right of this line violates this constraint. The line

labelled "Minimum Post-Landed View" represents the constraint imposed to

meet the requirement that the post-landed relay communication period be at least

12 minutes before the spacecraft passes over the lander's communication
..[.-

horizon; any point to the left of this line violates this constraint. The plols

for a periapsis altitude of 2000 km (Figure 5C-12 and -13) show the constraints

for BLOOK >_ 60 deg also. The "minimum post-landed view" constraint is not

There is nothing special about these constraints. They are flexible.

5C-13
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Table 5C-1. Relationship of Orbit Inclination to
Aim Point Polar Angle @

Inclination
(degrees}

6O

Arrival 0 First Node

Date (degrees) Crossed

2/25/74 -40.4 Descending

3/20/74 -42.0

50 2/25 -29. 8 Descending

3/20 -31. 4

4O 2/25 -18. 9 Descending

3/20 -20.6

30

2O

2/25 -7.4 Descending

3120 -9. 1

2 25

3/20

6.2 Descending

4,3

16.1

15.9

2 25

3/2o

18.2 Descending

16.7

20 2/25 30. 1 Ascending

3/20 28.9

3O 2/25 43.8 Ascending

3/20 42.4

5C-14
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t

shown on these two figures for BLOOK = +75 deg (negative bus time, i.e. ,

the spacecraft would be beyond the landing site at touchdown}. If entry angle

is restricted to lie between 16 deg and 19 deg, PER is confined to lie between

about -5 deg and -25 deg.

This information can be used with Figures 5C-14 and -15

to determine parameters regarding landing site accessibility. Figures 5C-14

and -15 show landing site latitude as a function of APS 4 PER for the two

reference trajectory arrival dates, with h = 1000 kin. They are based on the
P

assumption that the spacecraft surveys the planet in nine revolutions and re-

leases the capsule from a synchronous orbit on the tenth revolution. If the

lander is to touch down in the latitude band between 0 and 30 deg North, with a

solar illumination angle (SIA} approximately 15-45 (leg from the evening

terminator, then spacecraft orbit inclination must lie in the approximate range

20 to 60 degrees for the February 25 arrival and 25 to b0 deg for the Marcl_ 20

arrival. Furthermore, using the information that -25 -< PER -< -5, it can be

determined from Figure 5C-14 that, for the February 25 arrival, -14. 5 -_ APS

-< 49, while for the March 20 arrival, -6.5 -< APS 5 55. 5. Should the reader

wish to determine the effects of varying entry angle and/or landing conditions,

Figures 5C-9 and -11 and 5C-14 and -15 can be used to define the revised range

of inclination angles and APS. It must be remembered, however, that the

figures are applicable for a periapsis altitude of 1000 km and that Figures 5C-14

and -15 are for the tenth revolution after orbit insertion. Figures 5C-16 through

-19 are similar to Figures 5C-14 and -15. Figures 5C-16 and -17 are for the

20th revolution after each of the two arrival dates, while Figures 5C-18 and -19

are for the 30th revolution after arrival.

5C-21



/
Project Document No. 611=2 Section V

I 1 I I I

- /

/ / / // i_

1- ,_ I J , ,-/

0

o_

7_

?

o o R R
I ! I

_P '_01"i111_1rl ::Ills 9NIONVl

r0

k

<

r_

O

U

<

uo

r_

5
L_

5C-22



Project Document No. 011-2 Section V

O

I_p ':JOnlllVl :Ills 9NION_IF1

5C-23 _



Project Document No. 611-2 Section V

Bap ':lOfllllV1 311S ONIONV1

_J

<

c_

),

c_

2_
Q
¢',1

.,-.i

if/

m

m

r_

c_
rg
M

.A

6
1(3

5C -Z4



Project Document No. 611-2 Section V

I

1 1 I I 1 I I l

6op ':iGAlll_crl :Ills ONIGN'¢'I

o
t'q

rr3

c_

k

<

c_

_q

>.

rd

o

4-->

hq

U

U

<

,5"?,

r-'

"lJ
C

M

f-

I

I/3

5C-25



Section V

Bap ']01'1111Vl Ills ONIGNVl

5C -26



Project Document No. 611-2 Section V

/
/
/
/

\
\

/
/

/
/
/

Z

/

IS_ ']_3nllJ.V'l :Ills ONI(INV'I

\
\
I

/
/

/

\
\
\

I

0

!

I

I

I

"I0

,l

+

Q.
<

o

rd
>

<

c}

4,@

t_

<

cO

r_

!

_D
u_

_D

b_

5C-27



Pro_ect Document No. 611-2 Section V

Do LANDING SITE SURVEILLANCE AND CHARACTERISTICS

1. Introduction

The spacecraft's first long-term function after orbit insertion is

to survey the surface of Mars over all longitudes for potential landing sites.

Current guidelines specify that the capsules are to land between 0 and 30 deg

north latitude and that the first spacecraft is to survey potential landing sites for

both landers. The ensuing paragraphs discuss the general geometry charac-

teristics which must be considered for landing site surveillance. This is followed

by a description of the planetary coverage which is obtainable from orbits which

provide fulllongitudinalcoverage in 10, 20, and 30 days for the two reference

trajectories (arrival February 25 and March 20, 1974, inclination = 40 deg).

2. Viewing Geometry

As mentioned previously, surveillance of the entire latitude band

between 0 and 30 degrees north is desired over all longitudes for the two orbiters.

Figure 5D-1 shows a view of the orbital ellipse for trajectory B

(nominal landing latitude of 10°N)and various events concerning the surveillance.

The orbiter will traverse the latitude band of 30°N to 0 ° under optimum lighting

conditions within about 17. 2 rain on the first orbit. On subsequent orbits this

total time will change very little. A fixed look direction of the scan platform

in the plane of the orbit could be used to observe this latitude spread. However,

it may be desirable to increase the scan time of this latitude spread by varying

the scan platform direction in the plane of the trajectory. Thus, initially the

platform could look ahead to see the latitude band and after periapsis the plat-

form could look behind to see the latitude spread. The spacecraft could accom-

modate this type of surveillance by pointing the roll axis such that the cone

angle of the scan direction is fixed at 90 ° and a clock angle variation would point

the platform in the plane of the trajectory.

Figure 5D-2 shows the sub-orbiter trace across the planet for

trajectory B. This figure adds dimension to Figure 5D-I. Events (1) (4) in

this figure correspond to the same events in Figure 5D-1. Prior to traversing

the 30°N to 0 ° latitude band, such as event (1) of Figure 5D-2, the scan plallorkn

5D-l
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could be pointed down, out of the plane of the trajectory, to observe this latitude

band at different longitudes and under different lighting conditions. However, the

science value of this type of surveillance is not known at this time.

Figures 5D-3 and 5D-4 show plots of the latitude and altitude of the

orbiter as a function of time for trajectories A and B defined in Section 5A. Also

shown are various values of the solar illumination angle on the first pass. For

subsequent passes the solar illumination angle will vary for a given latitude.

This change will be discussed in the next paragraph. The ground speed of the

orbiter while traversing tt_e 30°N to 0 ° latitude band is about 3.0 km/sec, for

a 1000 by 33,000 km orbit.

3. Description of Planetary Coverage

The planet is surveyed for potential landing sites over all longitudes

by inserting the spacecraft into an orbit with non-synchronous period. Tt_e

period selected for landing site surveillance depends on two factors. These are:

(1) the period of time which we wish to devote to full longitudinal coverage, and

(2) the width of the strip of the surface viewed by the surveying instruments.

Neither of the two factors mentioned above has been spelled out

definitively. However, a current ground rule is that capsule separation will

occur some time between 10 and 30 days after orbit insertion. Figures 5D-5

to 5D-10 illustrate tile temporal shift in longitude of the sub-spacecraft track

over the planet in the latitude band 35 deg north to 10 deg south. The figures are

in two sets: Figures 5D-5, -6, and -7 correspond to the shift in longitude for a

spacecraft which arrives February 25, 1974 and covers the planet fully in longi-

tude within 10, 20, and 30 days, respectively, after orbit insertion. Figures

5D-8, -9, and -10 are similar; however, they correspond to a spacecraft which

Figure 5C-4 illustrates the period change from synchronous to traverse all

longitudes. The subject of orbital period is discussed in some detail in
Section V°C, Orbit Selection and Characteristics.

5D-4
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#
arrives March 20, 1974. Both sets represent an orbit inclined 40 deg. to the

Martian equator with altitude at periapsis = 1000 kin.

There are two sets of lines on each figure labelled, respectively,

"Orbit Number" and "Solar Illumination Angle" {SIA). The line labelled "Orbit

Number 1" shows the sub-spacecraft latitude as a function of longitude for the

first orbital pass after orbit insertion. (The spacecraft moves from north to

south, i.e., it is crossing its descending node). The sub-spacecraft track is

shown on Figure 5D-5 for orbit numbers 1, 2, 6, and 10. The tracks are

moving westward because the orbital period used in generating the data was

chosen to be larger than synchronous. This is reasonable on the basis that

such an orbit requires less insertion velocity than a sub-synchronous orbit.

Figure 5D-6 shows the spacecraft track for orbit numbers l, 2, 6, 10, 14, 18,

and 20, while Figure 5D-7 shows orbits up to number 30.

The lines of constant SIA indicate lighting angles under the space-

craft. The evening terminator corresponds to SIA=0 deg. Positive values of

SIA signify that the surface is illuminated, with the value of SIA corresponding

to the angle of the Sun above the horizon.

Figures 5D-8, -9, and -10 correspond to 5D-5, -6, and -7,

respectively but for the later arrival. Figures 5D-5 to -10 illustrate the effects

of different surveillance time periods on the longitudinal spacing of the sub-

spacecraft track and the variation with time in solar illumination angle over a

narrow latitude band.

#
The actual sub-spacecraft longitude is a function of many variables, including

the time and longitude of orbit insertion. These variables are not known

explicitly, and thus neither is spacecraft longitude. Figures 5D-5 to -10 are

representative of temporal shift in longitude. The reader must bear in mind,

however, that the longitude on these figures is a "dummy".

5D-13



Project Document No. 611-Z Section V

E° ORBITER SPACECRAFT PROPULSION SYSTEM REQUIREMENTS AND

CONSTRAINTS

I. Content

mission.

This section defines the propulsion velocity requirements of the

Z. Total AV Requirements

The total AV requirements are summarized below for the current

conceptual spacecraft design.

1) Midcourse maneuver 1 5m/sec

Z) Orbit insertion impulsive

maneuver 1350

Gravity burning time

losses 110

Pre-separation orbit trims 50

Post-separation orbit trims 50

3)

4)

5)

Velocity increments can be altered and interchanged in the first four AV allo-

cations (1-4), as needed, on a one-to-one basis. An increase in the post-

separation AV allocation of 50 m/sec will decrease the sum of the first four by

about 30 m/sec. The orbiter propulsion system is capable of executing an un-

limited number of engine firings provided propellant and pressurant remain.

a. Midcourse Maneuvers

Nominally two or three midcourse maneuvers will be per-

formed to correct the aiming point at Mars. The time of the first maneuver is

probably within launch +30 days. The second and third maneuver will probably

be performed within encounter -30 days.

A total /kV allocation of 15 m/sec (3a) has been specified.

The size of the first maneuver is conservatively estimated as 10 m/sec (30)

and the second and third as 5 m/sec (3e).

5E-I
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b. Orbit Insertion Impulse Maneuver

A total _V of 1350 m/sec has been allocated for the im-

pulsive orbit insertion maneuver. This impulsive _V restricts the hyperbolic

excess speed to be less than about 3. 3 km/sec for a 1000- by 33,000-kin alti-

tude Mars orbit. For approach speeds less than 3. 3 km/sec, apsidal rotations

are allowed.

Figure 5E-1 shows a plot of minimum orbit insertion AV

as a function of apsidal rotation for various approach speeds to obtain a 1000

by 33,000 km altitude elliptical orbit. The minimum orbit insertion /kV corres-

ponds to the optimum impulsive transfer for which the approach hyperbola is nearly

tangential to the desired ellipse. However, for finite apsidal rotations the

optimum impulsive transfers occur for the hyperbolas which pass slightly in-

side the ellipse, at one of the two intersections. This optimum bias is usually

between 0 to 50 km for apsidal rotations less than +30 ° (see Figure 5E-Z).

Since the final hyperbolic periapsis cannot be controlled

precisely due to maneuver execution errors and orbit determination uncertainties,

it may be desirable to bias the nominal hyperbola inward to insure that the final

flyby hyperbola will intersect the desired ellipse. However, an additional

inward bias will cause the orbit insertion AV to increase. Figure 5E-2 shows

a plot of impulsive orbit insertion _V for inward biases from the tangential

transfers. Note that the minimum impulsive transfer already possesses a

small inward bias. Figure 5E-3 shows a graphical explanation of the bias.

The philosophy of intentional biasing of the nominal hyperbola

to insure intersection with the desired ellipse for dispersed trajectories, must

be examined.in more detail. An alternate policy would be to accept a different

apsidal rotation of the ellipse if the hyperbolic periapsis is high or to accept

a higher elliptical periapsis with the correct apsidal rotation and then to trim

the periapsis while in orbit.

c. Gravity Burning Time Losses

AAv allocation of ll0 m/sec has been tentatively assigned for

the orbit insertion gravity burning time losses. This AV is the difference

5E-Z



Project Document No. 611-2 Section V

I i I I I I f [_

/

',o ,q

l
_-_ __-J- ....... _ ..... o___o _-f...... -V..... _

,, ,, I I I 4 ° •
o_o I / I I'

_ J ..... :/ ...... ./" I
o"_

1 1 I 1 i 11 1
t _ 111 _ Ill - _ Ill 8
..... .Z" .Z _ _

:lll/llll 'AV ']S'ltlih_ll NOlilllNI ilillO illflltilNti_l

©

t-.
c_ ,#1

0

,L 0

,---,4

©

©<-

0

f-d

5E-3



Project Document No. 6II-2 Section V

t_

! T T 1- T l

",O

=] --

t 1 l J. L t

:,m/uJ_ 'AV '_S1NdWl NOII_]SNI _lJ_O

g

0

0

_o
!

8

z
0

0

Q

c_

r_

0
. ;.-,r

0

o.)
m _

_ o
_ .,-_

_ 0

O,_

,d
I

u_

5E-4

f_



Project Document No. 611-2 Section V

"I- U.J

<0
0 _a_

@_
__>-

,r-4

_O

0

G)

0

0
.r.i

°_..i

t...l

C_

_4
!

u'5

5E-5



Project Document No. 611-Z Section V

between the impulsive orbit insertion AV and the finite burn AV and is thus the

gravity burn loss.

Figure 5E-4 shows a plot of gravity losses for fixed pointing

of the orbit insertion thrust as a function of the initial thrust to weight ratio

(T/W). For a T/W of .041, corresponding to the current spacecraft and pro-

pulsion system design, the 110 m/sec allocation will restrict the approach

speeds to be less than about 3.0 km/sec. Additional AV losses will have to be

allocated if higher approach speeds are used. If a gravity turn or pitch turn

insertion maneuver is used, the gravity losses may be reduced by as much as

50%.

The gravity losses of Figure 5E-4 correspond to an apsidal

rotation of zero degrees. The gravity losses will generally be less for apsidal

rotations resulting from minimum impulsive transfers. Figure 5E-5 shows

the gravity losses for various apsidal roations for T/W=.05 and V_ = 2.85 km/sec.

The dashed line corresponds to the minimum impulsive transfers. Also shown

are the gravity losses for intentional biasing of the hyperbola, corresponding

to Figure 5E-2.

d. Pre-Separation Orbit Trim

A total pre-separation orbit trim of 50 m/sec has been

tentatively allocated. One or more orbit trims would be used to adjust the

periapsis altitude if necessary, to adjust the orbital period for optimum landing

site surveillance if necessary, and to synchronize the orbital period with the

desired landing site once the surveillance is completed.

Figure 5E-6 shows the orbit trim requirements to change

the orbital period, but to keep the same periapsis altitude of 1000 kin. Figure

5E-7 shows the orbit trim requirements to change the period and to also change

the periapsis altitude at 3 hours before periapsis passage (P-3hr). Figure

5E-8 defines the thrust application angle of Figure 5E-7.

The synchronous orbit trim maneuver will probably be made

near periapsis to minimize the AV requirements. It may be desirable to per-

form the maneuver at an hour or so away from periasis if the orbiter science

data is still desired at periapsis passage. However, changing the orbital

5E-6



Project Document No. 611-2 Section V

I l I I l I I I _.

,.- o+

6 .++_,

M :+

"' d >.®

o

+i+
• ,,,,m k

+.
m

<
I l , I £ i ....

_ln/w '$._$S0"1AIIAYlIIO

5E-7



Project Document No. 611-2 Section V

T T T T T

Z X

- >

X

u_

I !

/
I

/
/

\

o

"13

z"
0

4[

0
/v

,<

o
m

!

_o_/_ 'S]SS01 ONIN_tf311 ALIAV_IO

ul

r_

o

t-

o

©

L_

©

©

5E-8



Project Document No. 611-2 Section V

1 1 1 l I
o

O

O

O

t_

O t-

O

Z

"i-
o U

0

o. a

o

I

o

I

o

!

o

o
.,.-i

I-i

,.c

0

.,-4

©

.S
I

5E-9



Project Document No. 611-2 Section V

I 1 I l 1 I

0

0

\
\

\

\
\

\ \

/
/

I l l I

J4 '_10_1_t3 0Olll_d 1¥111NI

!

5E-10



Project Document No. 611=2 Section V

Z
0

Z__
O0

0

0

<

0

,<

E

0

0

!

L_

5E-I1



Project Document No. 611-2 Section V

period by about 2. 5, 1.2, and 0.8 hours at periapsis will require about a 16, 8,

and 5 m/sec orbit trim maneuver respectively (see Figure 5E-6). These period

changes would be required to synchronize initial surveillance orbits for which

the consecutive sub-orbiter traces on Mars were separated by about 36 °, 18 ° ,

and 12 ° respectively.

e. Post Separation Orbit Trim

A total of 50 m/sec has also been tentatively allocated for

the post separation maneuver. The first trim would be used to de-synchronize

the orbit after the few-day relay link communications is completed. This

would be done to allow TV mapping over all longitudes. Figure 5E-6 can be

used to find the allowable period change for various orbit trim maneuvers and

times, assuming the 1000 km periapsis altitude is kept unchanged.

The de-synchronizing maneuver will probably be made near

periapsis to minimize the AV requirements. Changing the period at periapsis

by about 0.8 hrs will allow the orbiter to pass over the lander every 30 days

and will require a AV of about 5 m/sec.

Additional back-up maneuvers may be needed as follows:

to re-synchronize the orbit over the lander on a subsequent pass in case the

lander direct link communication fails; and to provide a back-up planetary

quarantine maneuver in case the orbit lifetime is not adequate.

5E-12
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F* LAUNCH VEHICLE SYSTEM

I. Configuration

The Viking mission is predicated on the availability of two (2)

Titan IIID/Improved Centaur launch vehicles as required to launch two (2)

spacecraft during the 1973 Mars opportunity. The vehicle stack-up is shown

in Figure 5F-1. The assumed Centaur fairing is shown in Figure 5F-2.

The Titan consists of two solid rocket motors of five segments

each, and two liquid stages substantially as configured for the Titan IIIC less

Transtage. The two engines of the first liquid stage have nozzle expansion

ratios of 15:1 rather than 12:1 as in the current vehicle. The Titan guidance

system is eliminated, as guidance and timing functions are provided by the

Centaur. The Titan autopilot, of course, is retained. Structural changes to

accommodate theCentaur will be made primarily at theTitan/Centaur interface.

The improved Centaur is currently being defined, but is expected

to have the nose fairing structurally attached to the Centaur insulation panels

at a field joint. The total assembly would be jettisoned in radial segments. If

this is done during the burn of the last stage of Titan, the potential contami-

nation of the orbiter from the Titan separation rockets will require investigation

at an early date. Jettison during the Centaur phase would eliminate this con-

cern, but at a cost in performance. The Improved Centaur has other new

features, including an extension of the allowable parking orbit coast period to

one hour.

As discussed later, the nose fairing is assumed to accommodate

the total encapsulation of the spacecraft in a clean room prior to mating the

encapsulated assembly to the launch vehicle.

2. Launch Complex and AGE

A single launch pad {41) is expected to be available in 1973 for all

Titan/Centaur launches. This assumption dictates an available launch period

of sufficient duration to launch both Viking spacecraft with due allowance for

(1) possible pad damage, (2) possible curtailment in pad availability time due

to USAF programs at ETR, and (3) checkout and Combined Systems Testing of

5F-I
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a 4-stage launch vehicle. The second contingency may be relaxed, of course,

when pad loading schedules are negotiated and firm comrnittments obtained.

The third contingency is based on the fact that previous lunar and planetary

mission experience has been with the 2 1/2 stage Atlas/Centaur and Atlas/Agena

and not with a 4-stage vehicle.

The Integrate/Transfer/Launch (ITL) facility permits the liquid

stages of both launch vehicles to be accommodated simultaneously in the

vertical integration building (VIB). When the first vehicle is ready, it is trans-

ported by rail to the solid motor assembly building (SMAB), where the two

solid motors are attached, and then to launch complex 41. The spacecraft

can be mated to Centaur either in the VIB or on the pad insofar as the ITL

facility is concerned. Mating on pad, however, allows a maximum de-coupling

of spacecraft and launch vehicle checkout operations until each is ready for

combined systems tests. Some simplification in mission peculiar OSE/AGE

is also expected in this mode because on-pad checkout is required regardless

of the checkout that would have been done previously in the VIB. Also, the

prior encapsulation of the spacecraft in the nose fairing eliminates imposition

of spacecraft cleanliness requirements on the universal environmental shelter

(UES), which is located at the top of the mobile service tower.

Mission peculiar AGE requirements include airconditioning,

S-band and V}-IF antennas, DG and 400-Hz power, an umbilical cable, video

pairs for science checkout, antenna switching, and numerous hardline monitor

and control provisions for the spacecraft. The magnitude of the airconditioning

requirement will depend on whether RTG's are used in the lander. Maximum

electrical power dissipated in the lander and orbiter is about 680 watts. AGE

requirements also include instrumentation provisions as required to measure

the acoustic environment external to the nose fairing during lift-off.

3. Nose Fairing

The nose fairing is assumed to be of aluminum, stiffened skin

construction, and designed to permit total encapsulation of the spacecraft prior

to mating with the launch vehicle. The diameter available as spacecraft

dynamic envelope is assumed to be IZ. 5 ft. A somewhat larger diameter is

desirable, however, to accommodate any changes in spacecraft configuration

5F-4
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at the time a detailed design is begun. Because the launch vehicle adapter is

approximately 10 ft in diameter, an annular bulkhead in the lower area of the

nose fairing is required to close the gap between the isolation diaphragm on the

adapter and the nose fairing.

Other than for airconditioning, no access doors for the space-

craft are required in the nose fairing. Positive closure of the airconditioning

door can be assured through such a mechanism as was provided in the MV67

umbilical door in the Agena nose fairing. If RTGs are used in the lander, air

ducts will be required in the nose fairing to direct cool air to selected areas

on the lander. Duct locations are assumed to be in areas where ample clearance

with the spacecraft exists.

The nose fairing/insulation panel assembly can be designed for

jettison in either the Titan phase of flight or Centaur phase, but not both. As

noted earlier, the resulting trade-off affecting the spacecraft is between launch

vehicle performance and spacecraft cleanliness. Current LERC plans are to

eject the assembly during Titan phase.

4. Interface with the Spacecraft

The structural interface with the launch vehicle is illustrated in

Figure 5F-3. The encapsulated spacecraft assembly has a bolt circle field

joint with the launch vehicle at the interface between tile lower ring of the

spacecraft truss adapter and the upper ring of the launch vehicle truss adapter.

GD/C drawings PD68-0173 and SKC-9 were used as guides. The checkout and

encapsulation of the spacecraft will be done in a spacecraft checkout facility, and

the encapsulated assembly mated to the launch vehicle on pad or in tile VIB as

determined later.

Integral with the spacecraft adapter is an isolation, or "thermal",

diaphragm attached to the lower ring. Closure of the nose fairing cavity is

completed by an annular bulkhead between the diaphragm and the nose fairing,

as discussed earlier. Whether this bulkhead incorporates airconditioning ducts

is not currently established.

A temporary structural attachment is required between the nose

fairing and the lower ring of the spacecraft adapter to provide support for the

5F-5
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spacecraft during hoisting operations. Another reason for this structural

attachment is that, in hoisting the encapsulated assembly to lhe top of the

Centaur stage, the handling sling must include a direct connection to the space-

craft adapter for safety reasons.

A single electrical and RF umbilical cable harness is assumed for

the lander and the orbiter. The inflight disconnect is located at the upper ring

of the spacecraft adapter. The connector to the external umbilical cable is a

female fitting located in the Centaur adapter below station 2505.9. The nun_ber

of coaxial cables in the umbilical are as required to checkout the lander and

orbiter RF systems independently via low-loss coaxial cables to power monitors

in the appropriate checkout areas of LC41, and by air link for checkout of the

data streams.

Airconditioning of the nose fairing cavity is required for both the

orbiter and the lander, as discussed earlier. In the launch configuration the

solar panel tips are snubbed to the spacecraft adapter rather than to the lander.

One reason for downward orientation of the panels is to provide free convection

of conditioned air to the aft side of the lander.

Prior to nose fairing separation, orbiter c_mposite telemetry

modulation, including lander modulation when present, is transmilted via the

launch vehicle telemetry system. This two-wire interface is incorporated in

the inflight umbilical disconnect. This electrical interface also includes a

circuit from the Centaur programmer which initiates separation of the space-

craft after injection velocity is reached, any orientation maneuvers are

complete, and angular motion transients of Centaur have subsided. Spacecraft

separation is verified via Centaur telemetry as sensed by microswitches or

other devices.

Mounted on the spacecraft adapter are transducers of wide dynamic

range for measuring stresses indicative of spacecraft axial, shear, and tor-

sional loads from lift-off to separation. Transducers are also provided for

measuring nose fairing cavity pressure and temperature. Appropriate ampli-

fiers or signal conditioners are mounted nearby.
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5. Spacecraft Environment

Because the Viking Titan Centaur has not flown, the dynamic loact

environment for spacecraft design and testing must be inferred from Titan flight

records and from dynamic aeroelastic analyses using stochastic exitations

derived from Titan and Centaur flight histories. Vibratory loads, however,

carl be approximated from Centaur environmental design and test requirements

given in GD/C report 55-00Z00E.

Acoustic input to the cavity of the Titan IIIC nose fairing is sho\_n

in Figure 5F-4. For Viking, the external exitation at lift-off should change

very little from Titan IIIC; whereas at Mach 1 and max q the external environ-

ment may change considerably due to differences in pressure fluctuations

(buffeting) as a function of bulbous nose fairing aerodynamics. Changes in

internal acoustic environment will also change due to differences in nose fairing

attenuation and in structural attachn_ent. Shock loads will depend prin_arily on

fairing and spacecraft separation systen_ design.

6. Launch Vehicle Performance

The purpose here is to provide an estimate of launch vehicle mis-

sion peculiar performance. The end result of interest is the available launch

period as predicated on optimal launch dates, other paran_eters being both

fixed and conservative. The assumptions made for the Viking mission are

listed below, and the corresponding performance is shown in Figure 5F-5.

Parking orbit altitude (n. m. ) 90

Maximum Centaur coast time {minutes) 60

Minimum launch azimuth (deg) 4 5

Maximum launch azimuth (deg) 11 5

Spacecraft support weight (lbs) 395

Centaur jettison weight {lbs) 4178

Centaur performance margin (% AV) 2. 5 (39")

Expansion ratio of Titan Stage I engines 1 5:1

Nose fairing height above field joint (ft) 34

Nose fairing skin diameter (ft) 14
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Figure 5F-5. Launch Vehicle Performance for Viking Mission
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Nose fairing and insulation panel 4675

weight (Ibs)

Drag loss due to bulbous fairing (lbs) 100

Fairing exchange ratios: C 3 = 17. 1 0.08

C 3 = 27. 3 0.075

No performance reserve is shown for Titan because it burns to depletion. The

nose fairing skin diameter of 14 feet is assumed to have a dynamic clearance

envelope for the spacecraft of IZ. 5 feet or slightly more.

Based on Figure 5F-5, a 7335 Ib spacecraft can be injected into a

transfer orbit at a maximum C 3 of Z0.9 krnZ/sec 2 for a launch azimuth of

45 degrees, and 2Z. 7 kmZ/sec Z for a launch azimuth of 115 degrees. When these

constraints are coupled with the planet arrival constraints of the lander and the

maximum approach velocity constraint of 3. 3 krn/sec, the resulting launch periods

are 40 days minimum for a 45 to i15 degree launch azimuth corridor, and Z0

to 30 days minimum for a 65 to I15 degree launch azimuth corridor.

7. Interface Control

Because mission success requires careful control of functional

interfaces between major subsystems, the number of organizations involved

in each interface is correspondingly important. Although methods of interface

control are outside the scope of this document, it is useful to examine the

surprisingly large number of organizations and associate contractors involved.

A partial listing follows:

Langley Research Center

Lewis Research Center

Jet Propulsion Laboratory

USAF/SAMSO

Aerospace Corporation

6555 Air Test Wing

Kennedy Space Center/ULO

Martin-Marietta Corp.

General Dynamic-Convair

Viking Project

Launch Vehicle

Viking Orbiter

Launch Vehicle

Launch Vehicle

Launch Operations

Launch Operations

Launch Vehicle

Launch Vehicle
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Pratt & Whitney Centaur engines

Minneapolis Honeywell Centaur guidance

UTC Titan engines

In addition to these will be the Viking contractors yet to be selected, including

their associate contractors.

Interface working groups will provide the direct contacts needed

to insure compatible interfaces; but because the various agencies and con-

tractors do not have identical internal organizational structures, considerable

effort is required in developing charters for the working groups which do not

conflict with each other. The fact that schedules are basically dictated by the

Mars ephemeris allows little margin for correcting incompatibilities between

systems. Interface test schedules, as well as combined systems tests at

ETR, will reflect this rigorous time constraint.
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SECTION VI

BASELINE ORBITER MISSION DESCRIPTION

A° ORBITER MISSION PROFILE

The following subsections describe an orbiter mission profile consistent

with the conceptual design and interpreted from the guidelines and rationale

from LaRC. Each subsection summarizes an orbiter peculiar mission phase.

The assumptions and detailed mission sequence of events are given in section

Vii. C.

1. Launch, Midcourse, and Interplanetary Cruise

These _hases are important but not peculiar to the Viking mission

and, as such, are not summarized. They can be considered similar to corres-

ponding phases of any Mariner derivative spacecraft such as MM69 or MM71.

The details of these phases are given in the sequence in section VII. C.

2. Orbit Insertion

The orbit insertion maneuver consists of a series of spacecraft

turns to orient the thrust axis for the burn, a verification of this orientation by

command from Earth, the burn, and the turn unwinds to reacquire the celestial

references.

Figure 6A-I illustrates the multiple maneuvers required to attain

the burn attitude with the VLC aboard. The standard roll and pitch maneuvers

orient the VS/C thrust axis for the burn. The requirement for attitude verifi-

cation requires engineering telemetry during the maneuver period. However,

with the VLC aboard the forward hemisphere of the VS/C is not covered com-

pletely by a low gain antenna. The maneuver antenna on the end of a solar

panel must be reoriented to the quadrant of the hemisphere containing the Earth.

Engineering telemetry and command capability results. This is accomplished

by a second roll turn to view Earth from the antenna. The thrust axis orienta-

tion is not changed by this roll turn because the roll axis is the thrust axis

6A-I
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in this VO design. Receipt of the engineering data and other information about

the orientation of the spacecraft results in an MOS decision to inhibit or begin

the insertion burn. The burn duration with the single engine design concept

lasts approximately 45 minutes. Upon termination of the burn, the VO begins

the unwind maneuvers to reorient the spacecraft on the celestial sensors for

the first orbit cruise and battery charging.

This phase of the mission sizes the (VO) battery. The extended

period off the Sun line for maneuvers and attitude verificalion as well as lhe

power required for the 45-minute burn is the largest walt-hour requirement

for the mission. This will be discussed in section VII. E.

3. Preseparation Surveillance Phase

Following orbit trims to provide the desirable period and periapsis

altitude, planet surveillance begins to locate a landing area for the VL. The

surveillance utilizes VC) science to acquire topographical, thermal, and physical

data at proposed landing longitudes. Landing latitudes are somewhat restricted

at this time to within the de-orbit capability of the VLC propulsion subsystem.

Since all of the VO science is boresighted by the science platform,

it is necessary to orient the platform to allow a near periapsis view period of

approximately one half hour. However, with the VLC aboard the science plat-

form is restricted in its cone angle travel. The scan limits required for near

periapsis viewing of Mars were identified early in the study based on a MM71

location of the science platform (i.e. on the VO roll axis).

For this conceptual design, the decision was made to retain the

MM71 science platform location. To circumvent the view restrictions caused by

the VLC aboard, a spacecraft maneuver was derived to allow unrestricted viewing

of the planet surface at periapsis passage. This entails a two-turn maneuver to

orient the platform clock articulation plane parallel to the plane of the orbit.

Figure 6A-2 illustrates these turns. An inertial hold maintains the final VS/C

orientation while the science platform slews in clock only to map the planet.

Communications are maintained through the low gain antenna pointing in

-z direction. All science is recorded. (A second roll turn may be necessary

to orient the science platform within its clock angle structural constraints.)

At science termination, the VO begins an unwind maneuver to reacquire
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celestial references. With Sun and Canopus acquired, the VO telemetry

subsystem begins playback of the recorded science and battery charging begins.

This is typical of a mission phase to be repeated periodically

until the landing site is chosen from the processed science.

4. Capsule Separation and Tracking Phase

Orbit trims are performed to place the spacecraft in a Mars

synchronous orbit over the desired landing site. A period of two days is then

required to interrogate the VLC before separation.

Figure 6A-3 shows the key events in the VLC separation orbit.

The VLC separation sequence begins by performing a pitch turn to orient the

spacecraft for the bioshield cap jettison event. A single pitch turn is sufficient

to place the jettison direction away from the planet to a higher energy orbit.

This prevents possible communications interference later in the mission and

insures planetary quarantine. Unwinding the pitch turn, to reacquire celestial

references, is followed immediately by the VLC separation maneuver.

A mission constraint imposed on the orbiter is to orient the space-

craft to the VLC burn attitude before VLC separation. A maneuver consisting

of a pitch and a roll turn provides this attitude, lligh rate engineering telemetry

is acquired and recorded from the VLC during and im_aediately following the

separation event. Due to configuration restrictions, the RF relay link antenna

(antenna L) on the VS/C utilized immediately following capsule separation is

contained within the bioshield base and is provided by the VLC. Communica-

tions are maintained until termination of the VLC burn.

VLC communications are interrupted while the VO unwinds to

reacquire celestial references. Following reacquisition, the VLC adapter is

jettisoned while on the Sun line to provide unobstructed relay communications

through the VO antenna.

The VO reacquires VLC communications before entry for inter-

rogation and pre-entry engineering data. The RF relay data link is

established between the VLC, VO and DSN.

VLC entry data is fed through the VO in real time during the

entire entry phase.
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At VL touchdown the telemetry modes in the VO and VL are

changed to acquire landed science. Initial high rate VL data is received and

recorded in the VO.

Following periapsis passage and lander communications, the VO

telemetry subsystem initiates playback of the recorder. Pre-entry VLC

engineering telemetry that was recorded and the initial VL landed science

are relayed to the DSN.

Subsequent passes acquire landed science and are performed with

the VO oriented on the celestial references (no maneuvers required).

5. VL Relay Passage

A series of VO-VL relay passes follows the initial landing pass

to acquire high-rate science data. The following paragraph describes a typical

pass.

As the VO approaches the VL, the beacon transmitter on the VO

broadcasts a signal to start the VL relay radio. Once the RF link is established,

the VL begins high-rate science readout to the VO. The VL data is recorded by

the VO throughout the pass. Playback begins after termination of the VL signal.

This phase is illustrated in Figure 6A-4.

This phase will be repeated for three periapsis passes following

separation in the nominal mission. However, if the VL direct communication

link fails this phase may continue. Following the nominal three passes, an

orbit trim will occur to resume broad planet surveillance by the VO science.

A mission constraint requires the VO to pass over the VL once per month for

communications until the end of the mission.

6. Orbiter Science Passage

Subsequent to the relay communication and orbit trim phases, the

VO will begin a phase of broad planet surveillance. The non-synchronous

surveillance orbit will allow a progression of science swaths at each periapsis

passage. A typical pass is described below.
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The VO configuration for these science passes is similar to the

MMT1 configuration. The science instruments boresighted by the articulating

science platform can be pointed, within structural constraints, anywhere

within a large portion of the +z direction hemisphere.

VLC allows large cone angle variations.)

Figure 6A-5 illustrates a typical pass.

{The absence of the

It begins by slewing the

science platform in cone and clock to the first science acquisition direction.

Preprogrammed sequences aboard the VO allow articulation of the s cience

platform to update pointing throughout the passage. When the science platform

is oriented correctly, science begins and is recorded. Repetitive TV frames or

other science continue until the capacity of the recorder is reached or the

science is terminated. Playback of the recorded VO science begins as soon as

the DSN is in view.

This phase is repeated for the remainder of the mission with the

exception of VL relay passes when required.
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B o SCIENCE DATA RETURN ASSUMPTIONS AND CONSTRAINTS

1. Pre-separation Site Survey

A minimum of 1.6 x 108 bits of data from 1he orbiting spacecraft

taken in each potential landing site area of 300 km along the orbit path by

100 km normal to the orbit path is required. Most of this data is TVS Camera

B data.

A nominal requirement is 3. 2 x 108 bits of Camera B video data

from each potential landing site, or the amount of data in an array of 4 x 15

pictures covering the footprint at periapsis.

2. Orbiter Data After Capsule Landing and Support

After three days or more in which lander data is relayed to the

DSN, orbital science operations will begin on a non-interference basis. TVS

and other data will be recorded each orbit as permitted by lander relay opera-

tions. During each orbit, when landed data is not relayed, a set of TV pic-

tures is taken near periapsis. Recorded pictures may be played immediately

to the DSN except at the end of the Canberra dish operational period (see

Figures 6B-1 through 6B-4), or replayed after Goldstone rise and prior to the

next photo sequence.
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SECTION VII

BASELINE VIKING ORBITER DESCRIPTION

A, INTRODUCTION

It is the purpose of this section to outline in as much detail as possible,

within the time and scope devoted to this conceptual design, the individual

subsystems which as a composite represent the orbiter portion of the Viking

spacecraft.

The Viking orbiter design is based on Mariner technology, and on the

Mariner '71 spacecraft in particular. The actual details of the subsystems

which are represented in the Viking spacecraft are described in detail in the

following section.
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B. ORBITER CONFIGURATION

i. Constraints and Guidelines (Mechanical)

l)

z)

3)

4)

5)

6)

7)

The maximum orbiter weight is 5362 lbs excluding a lander

capsule adapter.

Orbiter science is assumed to consist of television, IR

radiometer, IR spectrometer, and a multi detector IR

radiometer. Orbiter science payload weight will not exceed

150 lbs, including allowance for the SDS. All orbiter

science instruments are mounted on the scan platform.

Launch vehicle is Titan/Centaur.

The "shrouded Centaur" concept with 12 point truss launch

vehicle adapter as shown in GD/C drawing PD68-0173, is

the baseline nose fairing concept. The dynamic envelope is

12.5 feet in diameter and assumed to be at least 18 feet

long.

The nose fairing and launch vehicle adapter are designed to

permit S/C encapsulation prior to mating with the launch

vehicle, and include isolation diaphragms. On-pad air con-

ditioning of the nose fairing cavity will be provided.

The spacecraft umbilical connector will be located near the

forward end of the Centaur.

The lander capsule will be mounted above the orbiter in the

launch configuration, and will be on the shady side of the

orbiter during cruise.

The lander capsule weight at launch is 1800 lbs maximum,

excluding its adapter.

The mechanical interface between the lander capsule and

orbiter will be an assembly joint attaching to the lander

capsule adapter at 8 points on a 62-inch diameter. The

lander capsule internal structure will be designed to accom-

modate support loads applied by the 8 point truss adapter.

7B - 1



Project Document No. 611-2 Section VII

8)

The lander capsule bioshield cap and base sections will be

jettisoned in orbit.

Umbilical functions are required to support the lander. The

lander capsule CG is nominally on lhe roll axis, 38.4 in.

from the VLC/orbiter interface. The lander capsule

moments of inertia are:

a)

b)

At launch

I = 418 slug ft 2
zz

I = Z75 slug ft 2
x.x

Lander capsule less bioshield cap

I = 370 slug ft 2 (JPL coordinate axes)
zz

I = 25Z slug ft 2 (JPL coordinate axes)
YY

(JPL coordinate axes)

(JPL coordinate axes)

The lander is separated from the orbiter after Mars orbit

is achieved.

Design of the orbiter will be constrained to using 1969

state-of-the-art technology; Mariner _69 and Mariner '71

subsystem components will be used where possible.

2. Viking Orbiter

a. Mechanical Configuration -- Baseline Description

The configuration concept illustrated in Figure 7B-1 is

designed to satisfy the constraints and guidelines noted in the previous sub-

section. Wherever feasible and possible, Mariner '69 and '71 components and

technology are utilized.

The configuration concept is depicted in its launch con-

figuration within the Titan/Centaur bulbous shroud. As shown, the entire

spacecraft is encapsulated within the shroud and at the launch vehicle-

spacecraft adapter interface by the isolation diaphragm and annular bulkhead.

It should be noted that the shroud, Titan/Centaur field joint, isolation dia-

phragm, and annular bulkhead are only shown pictorially.
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The configuration of the Viking orbiter was significantly

influenced by a bi-propellant propulsion system weighing approximately

4100 Ibs -- nlore than three times the propellant volume of Mariner '71. The

propulsion system utilizes the Mariner '71 300-1b thrusl n_otor and related

hardware where applicable. The four propellant tanks are cylinders with

hemispherical ends and are 44-in. long x 30-in. diameter. It is planned to use

the hemispherical forgings of the Mariner '71 for the ends of the propellant

tanks. The four 18-in. dian_eter pressurant tanks are altached to the four

propellan! tanks with gimballed thrust n_otor mounted otl lhem. The structural

concept shown for the propulsion system enables it lo be assembled as a

separaie entity and assembled to the octagon bus in nlodular fashion.

The orbiter bus was conceived as a "wrap-around" octagon

slructure. That is, the sizing of the bus was dictaled by lhe size of the propul-

sion system and it was determined that an unequal-sided octagon bus wrapped

around the propellant tanks had several significanl advanlages attendant to this

concept. The size of the bus, 98" x 84" across the diagonals, is the smallest

({herefore lightest) size required to carry the necessary orbiter electronics

and other subsystems. A bus 98" x 84" allows up to 1Z bays of standard

Mariner electronic subsystem modules and chassis. This packaging schen_e

gives 4 more bays than the standard Mariner octagon bus and the added

packaging volume is deemed to be sufficient to meet subsystem requirements.

Nesting the propellant tanks within the bus adds to the protection of the propel-

lant tanks from meteoroid penetration, enhances thermal conlrol of the orbiter,

and facilitates designing the structural support of the propulsion system to the

bus in an efficient and modular manner. Louvers are attached to the bays on

the sides of the bus to aid in thermal control of subsysten_ electronics.

Science instruments are mounted on a scan platform

similar to the design used on Mariner '69 and '71. The platform will be

mounted on the bus centerline in a manner which permits it to be deployed to

the required cone and clock positions for scanning the planet. However, during

the first days of orbiting the planet, while the lander capsule is still aboard, il

will be necessary (since the platform cannot be deployed in cone) to maneuver

the spacecraft to the proper inertial attitude and scan in clock only, in order to

perform surveillance of possible landing sites. It is to be understood,
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depending upon the angular position of the platform, the truss members of lhe

lander capsule adapter may be in the instruments view. However, it is felt

that this will not seriously degrade the surveillance operation,

Solar panels are mounted to the bus in a fan-like array on

the coordinate axes "in-line" with the propellant tanks to n_inimize any CG

migration or offset problems on the attitude control system. The solar panels

and ceils are similar to the Mariner '71 except that the panel is a 48" x 86"

rectangle. Four panels make up a total gross area of 115 sq. ft. which is

sufficient to meet the power requirements of the spacecraft. As shown in the

configuration, the panels are mounted to the bus on outriggers which are

necessary to permit the high gain antenna to be deployed and pointed between

solar panels during flight. At and during launch the panels are stowed in

"sockets" to prevent any dynamic excursions of the panels. These sockets do

not latch the panels and therefore the panels will "fly out" of them when the

spacecraft is separated from the spacecraft adapter.

Attitude control jets for spacecraft pitch, roll, and yaw,

coincident with the coordinate axes, are mounted at the outboard edge of each

of the solar panels giving a moment lever arm of 155 inches from the roll or

"Z" axis. Two 12-in. attitude control bottles are nested and attached to the

four propellant tanks. Celestial sensors, comprised of Canopus sensor, cruise

and acquisition sun sensors, sun gate, and a stray light sensor, are mounted

to the appropriate sides of the bus and solar panels to meet the required fields

of view of the instruments. Only the acquisition sun sensors are mounted on

the solar panels. Canopus and stray light sensors are on the science platform

side of the bus. Whereas, the cruise sun sensor, and sun gate are on the sun

02" thrust motor side.

To satisfy communication requirements, two low-gain

antennas are used to give approximate spherical coverage during maneuvers, an

array of 2 relay antennas is used to communicate with the lander, and a 58-in.

high-gain antenna is mechanized to give the necessary Earth-directed position

at planet encounter and during orbit. Three antennas require post-separation

deployment. These are the high-gain antenna mounted to the bus at Bay II, the

omni low-gain antenna mounted to the bus at Bay II, and the relay antenna
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array mounted to the +y solar panel. The other low-gain maneuver antenna is

mounted to the +x solar panel. The high-gain antenna deployment occurs in

subsequence to the solar panel deployment. It is then stepped to other positions

about a fixed axis during the orbital operations phase of the flight.

A meteoroid shield is incorporated into the thermal control

blanket which is attached to the propulsion module. The bus and science plat-
form will be enclosed in a gold-coated Kapton blanket for thermaI control.

The Viking spacecraft is supported during launch on a four

to twelve-point truss adapter as shown in the configuration drawing. Separa-

tion of the spacecraft from the adapter will utilize the technique of explosive

bolts and a spring separating mechanism. The lander capsule is attached to

the orbiter bus by an eight to four-point truss adapter. This adapter and the
aft bioshield base section will be jettisoned sometime after lander separation.

This jettison event will also use explosive bolt/spring separating mechanism

techniques.

b. Inertial Properties

The spacecraft and orbiter inertial properties are shown

in Table 7B-1.
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Table 7B- 1.

Reference Plane:

Viking Inertial Properties

Capsule/Adapter Interface

Total Spacecraft (wet) - 7335 lb

CG X =

CGy =

CG Z =

I X =

Iy =

I z =

• 027" from roll axis

• 167" from roll axis

32. 148" from interface towards propulsion end

3864 slug ft 2

3758 slug ft 2

1654 slug It 2

Total Spacecraft (dry) - 39781b

CG X =

CG =
Y

CG Z =

I X =

Iy =

I Z =

• 040" from roll axis

• 306" from roll axis

9. 838" from interface towards propulsion end

2536 slug ftz

2502 slug ft 2

1238 slug ft2

Orbiter (dry! - 21081b

CG X =

CGy =

CG Z =

IX =

Iy =

IZ =

• 076" from roll axis

• 579" from roll axis

50. 757" from interface towards propulsion end

585.7 slug ft 2

551• 3 slug ft2

803.0 slug ftZ
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C. ORBITER SEQUENCE

To provide the Jet Propulsion Laboratory technical divisions with a

nominal mission outline, the sequence of events that follows was generated.

The assumptions utilized are given below and include nomenclature,

timing, orbit, subsystems assumptions, and periapsis passage guidelines.

Table 7C-1 contains a table of sequence particular acronyms. Telemetry

modes defined at this time are in Table 7C-2. An index of key mission events

is also presented in Table 7C-3.

1. Nomenclature

The Viking terminology used in this sequence is tabulated in the

Glossary and reflects the definitions presented to JPL by Langley Research

Center.

A list of acronyms used in this sequence is presented in Table

7C-1.

2. Sequence Timing

1)

2)

3)

All times are nominal and subject to change.

Viking Lander Capsule and Lander event times reflect

guidelines from Langley Research Center.

Initial orbit phase MOS events and timing are taken from

JPL mission operations guidelines.

3. Conceptual Orbit

1)

2)

3)

4)

Approximate period 24.6 hrs (Mars synchronous).

Periapsis altitude, 1000 kin.

Other parameters reflect Langley Research Center guidelines.

Orbit insertion burn duration 2700 seconds.

7C-1
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5)

6)

7)

Orbit trim strategy -- the period between 1st periapsis

(encounter) and first apoapsis shall be sufficient to provide

orbit determination data. This allows the first surveillance

orbit trim to occur at the second periapsis. Other trims

may be required for preseparation surveillance purposes

and to provide a Mars synchronous orbit prior to VLC

separation. Following VLC separation and the subsequent

communications periods, orbit trims will provide further

planet surveillance and VL reacquisition if required.

The forward bioshield cap jettison (BCJ) preceeds VLC

separation by a minimum time.

The VLC adapter jettison (A J) shall occur as soon as

possible after VLC separation and shall require a mini_num

maneuver.

4. Subsystem Assumptions

1) Science

a)

b)

c)

Principal surveillance instruments located on

articulating science platform.

Data modes and rates similar to Mariner Mars 1971.

High sensitivity VO imaging subsystem requiring no

image motion compensation at periapsis.

Z) Telecommunications

a)

b)

c)

d)

e)

f)

A DSN subnet of three Zl0' stations during orbital

operations.

A DSN subnet of three 851 stations during cruise.

Mariner Mars 1971 telemetry and RF subsystems

modified for new antennas and capsule requirements.

Telemetry modes shown in Table 7C-Z.

Engineering telemetry during all maneuvers.

Command capability during all maneuvers.
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3) Guidance and Control

at

bt

c)

d)

e)

ft

g)

NiCd secondary type battery allowing multiple

maneuvers for orbit trim or planet surveillance and

long cycle life.

Solar panel area and resulting charging times con-

sistent with VO configuration concept.

CC&S capable of reprogramming.

CC&S modified to increased control of maneuvers,

separations and other control functions.

CC&S requires 512 seconds (approximately 8 minutest

between turns and other control functions.

Maneuver times are computed based on a 670 °/hour

turn rate.

Maneuver and pointing capability of science platform

sufficient for pre-separation surveillance events.

4) Structure (configuration)

at

bt

c)

d)

e)

Science platform axis on VO cone axis with 90 °

cone capability.

Stowable relay antenna array deployable to fixed

position.

"Capsule up" launch configuration

Bioshield cap jettisoned in Mars orbit.

VLC adapter jettisoned before VLC atmospheric entry.

5) Propulsion

at

b)

ct

No direct VO control of bioshield cap and VLC

separations.

Motor burns controlled by pyro subsystem in con-

junction with CC&S.

Single propulsion engine requiring approximately

45 minutes burn time at orbit insertion.
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o Periapsis Passage Guidelines

1)

2)

3)

4)

Landing site surveillance on early passes (with lander on

board) by maneuvering spacecraft to allow scan platform

to slew in clock with a minimum cone angle change.

VL-VO communication in three subsequent passes

after separation orbit.

Mapping of planet following sequence of VL communication

passes.

Returning to within VL view for communications if re-

quired. (Nominally once per month).
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Table 7C-1. Acronyms

A

A/C

AMR

AOS

BC

CC&S

CPS

CRS

DSS

DTR

Je'CS

FTS

LCE

LC&S

LOS

OPS

PAS

Pw r

Pyro

RFS

RRS

RTS

SIT

TLM

VL

VLC

VO

vs/c

VLC Adapter

Attitude Control Subsystem (Orbiter and Lander Capsule)

Altitude Marking Radar

Acquisition of Signal

Bioshield Cap

Orbiter Central Computer _ Sequencer

Capsule Power System

Capsule Radio System

Data Storage Subsystem

Digital Tape Recorder

Flight Command Subsystem

Flight Telemetry Subsystem

Launch Complex Equipment

Lander Computer & Sequencer

Loss of Signal

Operations

Pyrotechnic Arming Switch

Power Subsystem

Pyrotechnics Subsystem

Radio Frequency Subsystem

Relay Radio Subsystem

Relay Telemetry Subsystem

Separation Initiated Timer

Telemetry

Viking Lander

Viking Lander Capsule

Viking Orbiter

Viking Spacecraft
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Table 7C-2. Telemetry Modes Viking Orbiter Mission

Mode

No. Description Time in Operation

VLC and/or VO Engineering

(8 1/3 or 33 1/3 bps)

Mode 1 (8 1/3 bps) +1348 bps
down link

a) Hard line feedthrough

( 1348 bps)

b) RF link feedthrough(1348 bps)

Cruise and Orbiter Maneuvers

VLC operations with VO high-gain
antenna toward Earth

VLC Checkout

VLC entry

3 Mode 1 (8 1/3 bps) +1348 bps

tape storage

a) Hard line input to DSS

( 1348 bps)

b) RF link input to DSS(I 348 bps)

Mode 1 (8 1/3 bps) + RF link

from VL to DSS (Z0.Kbps)

Mode 1 (8 1/3 bps) + VO science

to DSS (1 32 Kbps)*

6 Mode 1 (8 1/3 bps) + high rate
down link

a) Playback of recorded 1348 bps
(16, 8, 4, 2, 1 Kbps)*

b) Playback of recorded 20 Kbps

(16, 8, 4, 2, 1 Kbps)*

c) Playback orbiter science
(16, 8, 4, 2, 1 Kbps)*

7 Mode 1 (8 1/3 bps) + VO low

rate science (133 1/3 bps)*

VLC operations with VO high-gain

antenna away from Earth

Preseparation operations

Post-separat ion operations

VL relay passage.

VO science passage.

No VO and VL acquisition opera-
tions. DSN 210' dish in view.

Science backup mode.

* Mariner Mars 1971 values (approximate).
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Table 7C-3. Orbiter Mission Sequence of Events
Chronological Index of Key Events

Event Event
Event Abbr. Time

Time re Ps
!Ps _ below) Page No.

Countdown Begin L-4h 7C-8

Launch L L 7C-8

Separation S L+41 m 7C -9

Complete Attitude Stabilization L+4h 7C-10

Start Capsule Monitor L+8h 7C-10

Midcourse Maneuver Begin M L+5-15d 7C-11

Pre-encounter VO Updates P -5d
1

7C-14

VO Insertion Burn Ignition IB P -23m
1

7C-17

Periapsis One PI Pl 7C-17

1st Trim Burn TB P2
7C -g0

VO Preseparation Surveillance
(typical)

P3-Z0m Ps-10 -z 0m (nominal) 7C-Z3

VLC Checkout and Evaluation Ps_Z +lh 7C-25

Begin Separation Orbit P
s-I

7C-Z6

Bioshield Cap Jettison BCJ P -3.7h
S

7C-Z7

VLC Separation CS P -Z. 8h
S

7C -Z9

VLC Adapter Jettison AJ P - 1.7h
S

P -l.7h 7C-30
S

VLC Entry E E P -17m 7C-31
S

VL Touchdown TD E+7m P -llm 7C-31
S

Periapsis following Separation P P
S S

P 7C-32
S

VL Relay Passage (typical) Ps+1-25m Ps+l-Z5m (nominal) 7C-33

VO Science Passage (typical) Ps+5-Z0m (nominal) 7C-34

Period Trim Burn (typical) TB Ps+6-0.3m (nominal) 7C-37
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D. ORBITER WEIGHT

The VO design concept accommodates both orbiter science similar to

MM71 and a relay telemetry and capsule support capability. The VO must sup-

port the capsule in orbit for an out-of-orbit delivery mode. The large weight

penalties for this mode are well known.

The following subsections discuss the basis for the VO weights and a

history of the iterations to this date.

1. Basis for the VO Weights

Weight estimates for the VO subsystems are based on the latest

MM71 estimates available at this time. Relay subsystem weights are derived

from JPL estimates.

Significant weight changes from MMT1 have occurred for three

subsystems: propulsion, structure, and power. Out-of-orbit VLC delivery

has required a large change in the propulsion subsystem. The design concept

weights are derived from the latest MM71 technology and include the new four-

tank designs for propellant and pressurant. Major contributors to increased

weight in the structural subsystem have been the new wrap-around bus and the

four additional electronic chassis. The cyclic power modes of orbiter opera-

tion require a secondary type of battery in the power subsystem. A NiCd

design was chosen to tolerate the large number of discharge cycles consistent

with repetitive orbit maneuvers off the Sun line and possible periodic solar

occultations late in the mission. The NiCd battery weight penalties coupled

with the larger solar panel area, designed for the increased solar distances

in 1974, are responsible for the large power subsystem changes. These will

be discussed in Section VII. E.

Z. Current Orbiter Weights

The current VO weights presented in Table 7D-1 represent a JPL

subsystem weight iteration including the negotiated IPL-LaRC contingencies.

7D-I



O1

02

03

04

05

06

07

08

09

11

12

16

20

31

52

56

I0

SUBSYSTEM

Structure

Radio Frequency

Command

Power

Central Computer and Sequencer

Flight Telemetry

Attitude Control

Pyrotechnics

Cabling

Temperature Control

Devices

Data Storage

Science Data

Scan Control

Science Instruments

Relay Radio

Relay Telemetry

VO Weight (less Propulsion Subsystem)

Propulsion

VO Injected Weight

VLC Adapter Weight':-":-"

VLC Weight

VS/C Injected Weight

VS/C Adapter Weight':-":-'#

VS/C Launch Weight

CURRENT

(z/17/69)
WEIGHT{lb)

284.5

74.4

ii.7

258 4

27 5

26 0

If2 3

15 0

I09 0

27 0

72 6

40. 0

22.0

16.7

128. 3

18.0

i0.0

1253. 0

3650.0_:-"

4903. 0

40. 0

1800.0

6743.0

285. 0

7028. 0

JPL-LaRC

CONTINGENCY

F ACTOR

l 15

1 O5

1 05

1 05

1 05

1 10

1 10

1 l0

1 10

1 15

1 15

1 10

1 15

1 05

1 10

1 Z0

1 20

1.15

1.15

_:-'Assumes same inerts without contingencies as 4105-1b case but off loaded to retain

-'::::_Weight included in VO weight for propulsion subsystem sizing.

::-"-':-"':-'Includes destruct package, diaphragm, ring, but not encapsulation diaphragm butkh,

FOLDO,JT FRAME/-
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]XPECTED

_VEIGHT{ lb)

327. 0

78. 0

12.5

271.0

29.0

28.5

123.5

16.5

120.0

31.0

83.5

44.0

25.5

17.5

141. 0

21.5

12.0

1382.0

3980.0

5362.0

48.0

1800.0

7210.0

328.0

7538.0

WEIGHT ASSUMPTIONS

Capsule up,

MM'71, with 58" high gain antenna.

MM'71

MM'71

MM'71

MM'71

MM'71

MM'71

MM'71

MM'71

MM'71

MM'71

MM'71

MM'71

new wrap-around bus, new fold-out solar arrays.

panel technology, NiCd battery, new charger.

( mod. )

with roods for capsule and lander relay.

(rood.)

(mod.)

( mod. )

( rood. )

(rood.)

, two digital tape recorders.

rood for new science.

New baseline payload.

New

New

New four tank design, MM'71 engine and related hardware

AV :- 1350 m/sec (impulsive orbit insertion)

:aximum AV 1350 n:/sec (see Section IX.C.)

Table 7D-1. Viking Orbiter Subsystem

Weight Summary

7D-Z

F_LDOUT FRAME _ .
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E,
ORBITER POWER PROFILE

The orbiter power subsystem consists of a primary and a secondary

power source, solar panels, and nickel cadmium batteries, respectively. In

addition, power conditioning components are provided for the conditioning and

conversion of unregulated solar panel and battery outputs as required for user

subsystems. A functional block diagram of the orbiter baseline power subsystem

is shown in Figure 8F-3. The Mariner '71 power subsystem was used as the

baseline system. The sizing of the primary and secondary source and con-

ditioning equipment is based on the total power demand required from each

source and component in addition to the efficiencies of these components which

vary throughout the mission. Component efficiences and how they affect the

total power demand are shown in Table 8F-la. Consideration is also given to

the natural environment of the planet related to the sizing of the solar panel.

Because of the increased distance of Mars with respect to Sun as compared to

the Earth-Sun distance, the solar intensity is decreased by approximately 65%

(90 days after arrival). As a consequence, solar panel available power is de-

creased from 1082 watts (60 °C) at Earth to 464 watts (-16 °C) at Mars. The

solar panel area required to provide 464 watts at Mars is 104 ft Z. The sizing

of the batteries has been based on a 167 minute worst case energy demand

period. This period considered as the orbit insertion mode, requires 1195

watt hours. Hermetically sealed nickel cadmium batteries have been selected

for this mission because of the capability to provide 70-75flight cycles.

Table 7E-I summarizes the total power required per the key operational

modes which occur from launch through 20 Mar 74 Mars arrival and 90 days after

arrival. The primary and secondary power source that would be available for

providing the power is also included. Of significance in power demand are the

Viking lander capsule checkout requirements of 182 watts for a period of

approximately three hours, the TWT subsystem continuous requirement of

96 watts, and battery charging requirements of IZ5 watts. A detailed breakdown

of power requirements is shown in Table 8F-la.

7E-1
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Table 7E-I. Preliminary Power Profile (Baseline)

I.

2.

3.

4.

5.

6.

7.

8.

9.

10.

It.

12.

13.

14,

15.

16.

17.

18,

19.

20.

21.

22.

23.

24.

25.

26.

27.

28.

29.

30.

31.

32.

33.

OPERATIONAL MODE POWER REQUIRED (watts) POWER SOURCE

LAUNCH

SUN ACQUiSITiON

CRUISE I BATTERY CHG ON (GYROS OFF)

CRUISE II BATTERY CHG OFF

CRUISE III V.L.C. CHECKOUT

MANEUVER

CRUISE I BATTERY CHG ON

CRUISE II BATTERY CHG OFF

ENCOUNTER

GYRO VvARM UP ON

ORBIT INSERTION MANEUVER

ORBIT

ORBIT

ORBIT

ORBIT

ORBIT

INSERTION MANEUVER

INSERTION MANEUVER BURN

INSERTION MANEUVER AND UNWIND

CRUISE WiTH V,L.C.

TRIM WITH V,L.C,

ORBIT CRUISE WITH V,L.C,

ORBIT CRUISE WITH V.L.C. AND SCIENCE

ORBIT CRUISE WITH CAPSULE

V.L,C. PRESEPARATION CHECKOUT

V.L.C. EVALUATION AND ASSESSMENT

GYRO WARM UP (BC JET MAN.)

BC JET MANEUVER

BC JET MANEUVER

V.L.C. SEPARATION MANEUVER

V.L.C. SEPARATION

V.L.C. SEPARATION MANEUVER UNWIND

ADAPTER JET MANEUVER

ENTRY RELAY

ORBITAL SCIENCE ON

ORBITAL SCIENCE PLAYBACK

ORBITAL CRUISE (SUN OCCULTATION)

ORBITAL CRUISE WITH BATTERY CHG

326

338

434

296

366

469, 357

434

334

44S

378

391

4O3

518

389

463

51B_ 406®

C_ i MIN ON; C_ 59MIN ON.

463

515

463

5O7

473

39O

39O

40 I

373

387

387

46!

333

43O

33O

360

46l

BATTERY

BATTERY

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

BATTERY

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

BATTERY

BATTERY

BATTERY

SOLAR PANEL

BATTERY

SOLAR PANEL

BATTERY

SOLAR PANEL

SP/BATTERY

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

BATTERY

SOLAR PANEL

BATTERY

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

BATTERY

SOLAR PANEL

7E-Z
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F. ORBITER DATA HANDLING

1. Introduction

The Viking orbiter data handling is more complex than Mariner

'71 orbiter data handling because of the larger number of data modes required

by the various phases of the Viking mission. Additional flexibility is also re-

quired to support the lander capsule during capsule checkout, entry, and the

subsequent landing at which time the orbiter performs in the capacity of a relay

satellite. Because of time criticality of the encounter and orbital mode changes,

the modes shall be initiated by the CC&S program.

The seven orbiter data handling modes considered as a baseline to this

conceptual design and utilized in the development of the flight sequence are

delineated in the subsequent paragraphs of this section. The assumed constraints

and data requirements are also outlined as the various data modes are indivi-

dually developed.

2. Mode Descriptions

Mode I This mode is used for low data rate monitoring of (1)

spacecraft throughout interplanetary transit (includes

midcourse and insertion maneuver) and of (Z) orbiter

after insertion during "quiet ') time (includes monitoring

of lander capsule prior to separation). "Quiet" time is

defined as when (1) no capsule data is being received by

the orbiter, and (Z) when the orbiter is not perform-

ing scientific experiments, i.e., the only orbiter

function is "housekeeping" requiring low data rates.

This mode requires a single channel. The data rate

is 8 1/3 or 33 1/3 bps. See Figure7F=l.

Mode 2a Engineering and hardline capsule checkout is being sent

in real time since Earth is in view of high-gain

antenna. This mode requires two channels. Engine-

ering channel is 8 1/3 bps and hardline capsule is

71;'-1
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Mode 2b -

Mode 3a -

Mode 3b -

1348 bps. See Figure 7F-2.

Engineering and RF capsule entry relay link being sent

in real time during capsule descent while the Earth is

in view of orbiter high-gain antenna. This mode

requires two channels. Engineering channel is

8 1/3 bps and RF capsule entry relay link is 1348 bps.

See Figure 7F-3.

Engineering being sent in real time over low gain

antenna. DSS-2 in record mode. Mode 3a requires a

single channel. Hardline capsule checkout is being

recorded on DSS-2 since Earth is not in view of high-

gain antenna due to pre-separation maneuver. Engi-

neering channel is 8 1/3 bps and hardline capsule

checkout is being recorded by DSS-2 at a rate of

1348 bps. See Figure 7F-4.

Since DSS-2 has a capacity of I. 8 x 10 8 _-5°70bits,

Mode 3a can have a duration of up to,

I. 8 x 10 8 bits -_ 37 hr

I. 348 _ 10 3 bits x 3.6 x 10 3 second

seco---_ hr

before DSS-2 is filled to capacity (ignoring geometric

view constraints).

Engineering being sent in real time over low-gain

antenna. DSS-2 in record mode. Mode 3b requires

a single channel. RF capsule checkout relay link is

being recorded on DSS-2 since Earth is not in view

of high-gain antenna due to orbiter-capsule separation

maneuver. Engineering channel is 8 I/3 bps and RF

capsule checkout relay link is being recorded by

DSS-2 at a rate of 1348 bps. See Figure 7F-5.

Since DSS-2 has a capacity of 1. 8 x 108 +5% bits,

mode 3b can have a duration of up to 37 hrs before

7F-3
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Mode 4 -

Mode 5 -

Mode 6a =

DSS-2 is filled to capacity (ignoring geometric view

constraints).

Engineering being sent in real time over low=gain

antenna. DSS-Z in record mode. Mode 4 requires

a single channel. Mode 4 will occur during orbiter

periapsis passage wile re RF data from lander is

being recorded on DSS-2, at a record rate of 20 Kbps.

The engineering data rate is 8 1/3 bps. See

Figure 7F=6.

Engineering is being sent in real time. DSS-1 is in

record mode. Mode 5 will require a single channel.

Mode 5 will occur at periapsis passage where orbiter

TV data and other science is being buffered by SDS

and recorded on DSS=I. No orbiter TV or other

science is being transmitted in real time. Engineer-

ing is being transmitted at 8 1/3 bps and orbiter TV

and other science data is being recorded at

137.3 Kbps (MM71 DSS record rate). See derivation

of Mode 5 at end of this section. See Figure 7F=7.

Engineering is being sent in real time. DSS-2 is in

playback mode. Mode 6a will require two channels.

Mode 6a will occur sometime after periapsis passage

where stored capsule data (was recorded previously

on DSS-Z at 1348 bps) is played back during the capsule

quiet time. The playback will be block-coded high rate

at 8. 1 Kbps (nominal). The time necessary to unload

a single DSS at 8. 1 Kbps will be 6.2 hrs. A 310'

dish will be required during this time. Engineering

will be transmitted at 8 1/3 bps.

7F=8
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Mode 6b -

Mode 6c -

Mode 7 -

Engineering is being sent in real time. DSS-2 is in

playback mode. Mode 6b will require two channels.

Mode 6b will occur sometime after periapsis passage

where stored lander data (was recorded previously

on DSS-2 at 20 Kbps) is played back during the capsule

quiet time. The playback will be block-coded high

rate at 8. 1 Kbps (nominal). The time necessary to

unload a single DSS at 8. 1 Kbps will be 6.2 hrs. A

210' dishwill be required during this time. Engine-

ering will be transmitted at 8 1/3 bps. Figure 7F-8

depicts modes 6a and 6b.

Engineering is being sent in real time. DSS-I is in

playback mode. Mode 6c will require two channels.

Mode 6c will occur sometime after periapsis passage

where stored orbiter TV and science data that was

obtained in mode 5 is played back during the capsule

quiet time. The playback will be block-coded high

rate at one of the following (MM71) bit rates - 16. Z,

8. 1, 4.05, 2.025 or 1.012 Kbps. A 210' dish will

be required. Table 7F-1 depicts the maximum time

necessary to unload a single DSS at the above men-

tioned rates. Engineering will be transmitted at

8 1/3 bps. See Figure 7F-9.

Engineering is being sent in real time at 8 1/3 bps.

Low-rate science is being sent in real time at

133 1/3 bps. Mode 7 will require two channels.

See Figure 7F-10.

7F-11
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Table 7F-1. Playback Times for Orbiter Acquired Data

(Playback time for fully loaded DSS)

Rate Time

16. 2 Kbps 3. 1 hrs

8. 1 Kbps 6.2 hrs

4.05 Kbps 12. 3 hrs

2. 025 Kbps 24. 7 hrs

1.012 Kbps 49.4 hrs

7F-15
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3. Derivation of Mode 5

I

i

P

In order to discuss this mode some parameters must be initially

constrained and the ren]aining parameters can be derived. One possible naethod

of analysis is as follows:

Step 1 Fix orbiter TV picture size:

700 lines

83Z pixels/line

9 bits/pixel
5. Z5 x 106 bits/picture

This corresponds to the present MM71 TVS.

Step 2 Fix orbiter TV record rate:

This is the rate at which the trace on the vidicon is read

into the DSS. For both cameras it is 126 Kbps.

Step 3 Determine orbiter total picture time:

Total picture time = 5. Z5 x 106 bits

picture
3

iZ6 x 10 bits

sec

= 41. 7 sec

picture

Step 4 Fix maximum periapsis passage science bit rates:

This rate, excluding TVS, is to be buffered by the

SDS with TVS data for DSS recording. For the Viking

mission the following bit rates are assumed:

Orbiter Science Instruments (Assumed)

IR Radiometer

IR Spectrometer

IR Mapper

TVS

*Contingency

Subtotal

TV engineering,Allowance for other instruments,

instrument variation, focus, etc.

1000 bps

2700 bps

300 bps

lib000 bps

900 bps

130,900 bps

certain status bits,

7F-16
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TV Formatting

Picture count

Real time frame count

Line count

PN sync

Camera ID

Contingency

Subtotal 58, 100 bits/picture

4I. 7 sec/picture

Total science bit rate required =

6 bits/line

25 bits/line

l0 bits/line

31 bits/line

1 bit/line

10 bits/line

83 bits x 700 lines

line picture

58, 100 bits

picture

1400 bps

132. 3 Kbps =

Record rate.

Table 7F-2 presents parameters derived from the above four

steps. Figures 7F-11 and 7F-12 illustrate the parameters represented in

Table 7F-2.

Before implications on an orbiter periapsis sequence can be

examined, two other parameters must be fixed, namely:

1) Vidicon erase time = 10 sec (MM71, both cameras)

Z) Single DSS capacity : 1. 8 x 108 +5% bits (MMT1, single

DSS)

if one assumes that cameras A & B are alternating and that, while picture

information from one camera is being recorded, the vidicon on the other

camera is being erased, then the implications are straightforward.

TEe number of pictures that can be recorded on a single I)SS at

periapsis passage is:

1.8 x 108 bits = 3Z.6 frames._-3Z frames

5. 52 x l06 bits

frame

7F-17
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Table 7F-2. Data Handling Parameters

Effective picture record rate

Total picture time

Active picture time
Dead time (flyback) per frame

Dead time per line

Active time per line
Total line time

Bits per frame of science other than TV
Bits per frame of TV

Total bits per frame

Bits per line from vidicon

Bits per line from TV format

Bits per line from science instruments

Total bits per line

126 Kbps

41. 7 sec/picture

39. 7 sec/picture

2 sec

Z. 9 m s

56. 7 ms

59.6 ms

•Z65 x IO b bits

5. 25 x lO 6 bits

5. 5Z x lO 6 bits

7488 bits

83 bits

292 bits

7863 bits

7F-18
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k Since the MM71 DSS has 8 tracks [consisting of four data tracks and four clock

(bit sync) tracks], two of which are used for each tape pass, each tape recorder

pass can store 8 frames. Figure 7F-13 depicts a single tape recorder pass for

alternating cameras.

For the case of one camera (either A or B) taking a succession ot

pictures, the tape recorder will be shut off during tile 10-second vidicon erase

tithe. One second of tape will be lost by turning on and off the tape recorder

during the 10-second erase time. Therefore, if we assume that 7 seconds

_f lapc are lost for 1 track, we can derive the number of bits lost per track

and the DSS storage capacity in the following manner:

Assume 8 frame/pass =_7 sec of tape lost if cameras cycle

continuously.

Bitslost/pass = 7 sec/pass x 132. 3 x 103bits = 926 x 103 bits

sec pass

Total bits/pass = 1.8 x 108 bits = 4. 5 x 107 bits (nominal)

4 pass

Effective bits/pass = (4. 5 -.0926) i07 bits T4.4x 107 bits

pass pass

Frames/pass = 4.4 x 107 bits

pass _" 8. 0 frames

pass5. 5Z x 1 6 bits

frame

Thus the assumption of 8 frames/pass is justified if we assmne the nominal

case. l"igure 7F-14 depicts the above case where one camera is taking a

succession of pictures.

A typical sequence of orbiter pictures at periapsis is most likt,ly

to be a combination of Figures 7F-13 and 7F-14, i.e., a succession of B

fralnes interspersed with A frames. However, the bounds on filling a single

1)SS to capacity lies between 22. 3 minutes and 27 minutes.
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G° TELECOMMUNICATIONS SYSTEM DESCRIPTION

1. Functional Description

The Viking Orbiter telecommunication sy._tem essentially pro-

vides for data transfer along tile relay link between th(_ 1;lnding capsule and tl_e

orbiter and along the direct link between the orbiter and the Deep Space Net-

work {DSN) tracking station. A block diaRram of the different links involved

is sh_wn in Figure 7G-I. Before capsule separation a multiconnectt)r cable

connects the capsule and the orbiter. When this lint' is cut, con_nl_lnication

continues through a 400-Mltz RF link.

A 400-Mltz beacon on the orbitt_r will transmit an AM turn-on

conlmand every 60 secorIts or so. When the landing capsule is within rangL,

and r(,ceives a strong colnmand, a playback of accun_ulate(t lander telelnetr 5

data will begin. Additional turn-on commands will m_t be sent by the orbiter

until this data playback is completed. Playback is by means of variable data

rate FSK (frequency shift keying).

A main telemetry link which carries data from the (_rbiter I_

the ground operates at g297 MHz. This link operates independently of the 400-

MHz equipment. It can also operate independently of the gll6-Mttz command

link. When two-way doppler tracking is required, both of these S-band

channels are used simultaneously. A two way ranging channel is also available

by using both the R297-MHz and 2116-MHz frequencies simultaneously.

2. Interfaces

a. Launch Vehicle/Spacecraft Interface

This interface is of a very temporary nature and dis-

appears after separation. When the launch vehicle is on the pad, data from

the spacecraft can be monitored directly through the umbilical connectors.

Immediately after launch a cable will still transfer spacecraft data to the

launch vehicle. Problems associated with this interface are minimized be -

cause most of the time it is acce6sible on the ground. Even at injection, after

the direct connection is severed, communication is simplified because signal

7G- 1
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levels are strong and there is relatively little data.

b. Spacecraft/DSN Interface

Since the Viking Mars Orbiter design and the DSN track-

ing stations are both managed by the Jet Propulsion Laboratory, special care

can be taken to insure the compatibility of all parts of the direct link system.

Radio frequencies, modulation, and coding will be standardized. Also, the

antenna gains, transmitter powers, and other link parameters will be care-

fully matched to maintain sufficient margin for the required performance.

receivers.

missions.

however.

Perhaps the most difficult part of this interface is in

scheduling the DSN tracking stations, Figure 7G-2 illustrates DSN loading by

plotting for each mission the time of day for local meridian crossing against

the day for calendar years 1973 and 1974. An Explorer mission which runs

almost concurrently will mainly use the 85-foot antennas with their separate

More severe conflict may occur near noon with several other

Ample tracking time should be available later on in the evening

Table 7G-1 compares the parameters of the 85-foot and

210-foot DSN tracking stations. It is likely that the larger antennas will be

used during most of the mission. A similar table could also be prepared for

the spacecraft but due to the large number of adjustable parameters it is easier

to list them in the appropriate Design Control Tables of the next section. In

all cases possible parameters from the original functional specifications have

been replaced by m easured test results.

c. Relay Link Interface

By far the most difficult interface problem is in the relay

link. The major hardware blocks making up the Viking relay system are

the antennas, the lander and orbiter (beacon) transmitters, the orbiter

and lander {beacon} receivers, and the orbiter relay data demodulation,

data handling and mode control circuits. Also a part of any relay link

consideration is the "channel" which includes such factors as antenna pointing,

7G-3

I



Project Document No. 611-Z Section VII

O
Z

O

u
:7

_5
n,-

u

o
b

O600

NOO N

1800

MIDNIGHT

O6OO

V 73 EXPLORER
_ I ORBITER

PIONEER E

i SPACECRAFT

V/M 73
2 SPACECRAFT

HELLOS

73

II

II
I

1!

_;]tI
I

!

!
PIONEER G

I SPACECRAFT

M 73 EXPLORER

I ORBITER I

1
i

1973 1974 I
i

CALENDAR YEARS

PIONEER F

1 SPACECRAFT

VIKING 73

2 ORBITERS

2 LANDERS

,i-- H[LIOS 74

----- TOPS 74 1

SPACECRAFT

I"--- PIONEER F
I SPACECRAFT

I"-- PIONEER O

I SPACECRAFT

Figure 7G-Z, DSN Loading

7G-4



Project Document No. 611-2 , $ectiQil VZI

o_

u

,--4
0

"U

m

0

"Z

,e-d

Z

!

U

_0

.0

<

, , ,, ,

0

0

0
Z

m

>

,-q

.o!o
0
0

0
Z

! I

I I I

0 ,.0 _ 0 0

!

_', r¢3

I

• °

u'3

! I I

d N c_ ,S c_

m

_ ,_ .,_ _ 0

_ _ _ _ _. _,_ __

°

7G-5



P

Project Document No. 611-2 Section VII

communication distance, multipath effects and so on. A more detailed block

diagram of the relay system is presented in Figure 7G-3.

3. Orbiter Telecommunications System

The Viking telecommunication system will essentially consist

of a Mariner 1971 S-band telecommunication system with a minimum number

of modifications. A new 400-MHz relay system is added to allow for con_muni-

cation with the lander. Figure 7G-4 gives a block diagram showing the

details of the system.

One of the ways to improve the performance of lhe Mariner

1971 radio system is to use larger and more antennas. Table 7G-2 lists the

five different antennas which will be carried on the orbiter. It also indicates

the general type of antenna, its position, and when it is used.

Each of the antennas adds a small amount of weight to the

total. These weights are included in the relay radio and radio frequency

weights shown in Table 7G-3. A final column in this table shows the power

necessary to operate this equipment. Since the relay link turn-on beacon

operates only momentarily, the 13 watts is not a continuous load. Also, only

one tape recorder is operated at a time reducing the data storage power con-

sumption to 22 watts.

7G-6



Project Document No. 611-Z Section VII

I ,.uO_ <Z

I _._<_Z

I

0

Z
0

.<

r:-__
Z Z

_88

iHfi-

HM-
Z
0

.<

i_ '_ZZ

88

E

.,--i

C_

u
0

,-.-i

ca

. ,..-i

c_

_4

.,.._

7G-7



Project Document No. 611-Z
i

Section VII

z
Z > '_

z •
z '_ 0

F-- --_- --i

I i--_ I
t ]__

,i! il
.I_L.I

O

ag

i

41[_
O

O
,p4
4_

¢J

0
u
o

I.I

°t..q

kq

0

.p.4

4,

7G-8



ANTENNA

Low Gain
Antenna

Maneuver

Antenna

High Gain
Antenna

Relay
Antenna

Separation
Antenna

TYPE

Horn

(Same as M'71)

Horn

(Same as M'71)

Steerable
5 ft diameter
Parabolic Reflector

Array

Probe in

Bioshield Base

POINTING DIRECTION

0. 0 Degrees Cone

To be determined

(Somewhat to one

side of 180. 0 degrees
cone. )

Adjustable

138 degrees cone

259 degrees clock

180.0 degrees cone

FOLDOUT FRAME /.
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RANGE OF MOTION

Initial

38.8

274. 1

Fixed

Nixed

Final

17.9 degrees

cone

256.8 degrees
clock

RECEIVES

Fixed

Fixed

(Jettisoned with
Bioshield Base}

Commands througlaout

mission. Uplink for

two-way doppler and

ranging throughout
mission.

During maneuvers when

spacecraft has lander

capsule side toward sun.

Telemetry from
VLC and lander.

Telemetry from capsule
before Bioshield Base is

jettisoned.

TRANSMITS

Telemetry before
encounter. Downlink for

two-way doppler and

ranging before encounter,

During lnaneuvers when

spacecraft has capsule
side toward sun.

Downlink for two-way

doppler and ranging after
encounter.

Turn-on command

Never

Table 7G-2. Viking Orbiter Antennas

FOLDOUT FI_AME _:_ - 7G-9
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H, ORBITER TELECOMMUNICATION REQUIREMENTS AND

PERFORMANCE PREDICTIONS

I. General Requirements

There are certain restrictions placed upon the orbiter tele-

communication system by the basic data requirements and the available bit

rates. These, together with the mission geometry, usually dictate the antenna

and radio configurations. Table 7H-I has been included to summarize telem-

etry modes during each phase of the mission. A total of seven different modes

of operation have been distinguished and several have alternate bit rates

available.

2.. Performance Predictions

a. Direct Link Telemetry

The telemetry link carries engineering telemetry, doppler,

ranging, and relay data from the orbiter to Earth. An analysis of this link has

been made for both trajectory A and trajectory B. Results are given in Figures

7H-1 and 7H-Z, respectively. A data rate of 33 1/3 bps can be maintained to

well over 150 days from launch with the low gain spacecraft antenna and a

210-foot DSN antenna. After this the bit rate must be reduced to 8 1/3-bps

or the high gain spacecraft antenna must be used.

A curve showing telemetry link performance after the space-

craft begins to orbit Mars is shown in Figure 7H-3. A useful period of

100 days has been labeled beginning at encounter for both trajectory A and

trajectory B. During this time block coded data will be played back at a high

rate. It should be possible to maintain a 4 Kbps rate throughout this phase of

the mission.

During orbit insertion and trim maneuvers, engineering

telemetry is transmitted over the maneuver antenna having a pattern directed

toward the +Z direction of the spacecraft. This antenna is placed at a

180-degree cone angle. Figure 7H-4 shows the performance expected from

this antenna when it is pointed directly at the Earth.

7H-I
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Since a pointing error of 30 degrees reduces antenna gain

by about 1 db, it may be important to have the maneuver antenna pointed

accurately at the Earth. Nor this reason the fina[ maneuvers (_f the space-

craft may require an extra step. First, rotations about the roll and pitch axes

will orient the engine in the proper direction for its burn. Then a rotation

about the roll axis will be made to point the antenna as close to the Earth as

possible. This should extend the engineering telemetry coverage with the

maneuver antenna to most of the spacecraft +Z direction hemisphere.

Telemetry Design Control Tables 7H-2 and 7H-3 have been

included to illustrate typical parameters for low rate and high rate telemetry.

These values and tables such as these were used to generate the preceding

curve S.

b. Direct Link Command

This command link is used for two-way doppler and ranging

as well as for commands. Because of the low data rate (1 bps), the command

performance remains well above threshold throughout the early cruise phase

of the mission. Figure 7H-5 shows the performance of the command link after

the spacecraft begins to orbit Mars. For convenience, 100-day intervals have

been indicated starting from the arrival dates of trajectory A and trajectory 13.

With a 400-KW transmitter and a 210-foot antenna, a large

command margin is available throughout the mission. It will also be possible

for the spacecraft to receive commands on the maneuver antenna. For this

case the performance margin should be as good or better than that of

Figure 7H-5. Thus, commands can be transmitted to a spacecraft in any

orientation throughout the entire mission. A typical Design Control Table,

7H-4, is shown to illustrate the command link parameters.

c. Direct Link Ranging ,

Ranging is an important mode of operation for which per-

formance calculations have not yet been made. Work on ranging performance

curves and design control tables is now in progress.

7H-7
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TABL_ 71t-2. CHIJISb: M(iDE 1 F:N(;INFL.HIN(I ILI,k:MF IHY

TEI_Y DESTGN CONTPOL TABLE

_:]J_Y _ODK: CIIIJlSF; I I I+f:Mb;'IHY _-Lt+ t)_< ],AT1 :

2 10 FOIl1 '1 ttACKIN(i b]AI I(JN; II)_ i, IIAIN ANq F:NNA AT 0, 0 CONE

!AL_:('_(: z-z{-7_ /_.RT '/AI,: z-zs-74

FP2 I11 I-S'W;?C/II: [iA'FE z_z_-74 f_2ilPS }Ts_ _. JNY_JC_I(JN: s2_<

NC. t 'ARA_f :I'I if,'

I TOIAI, qRANSMI] 7ER I%)WLil (I)llM)

Z IRANSMITTIN(J CIRCI/IT I,[_NS (DH)

} lttANSMII']IN(I ANTENNA (iAliN (I)1_)

4 TRANSMIq llNf; ANTENNA I)t>liN I IN(; I,tl_b (I)i-i)

5 St>ACFI I.(}SS (I)l_)

Z297 KIIt_, R L05.5t x I(I t° I<kt

f, t'OI.ARI/A'[I()N I,t)SS (I)1_}

7 _ f:C6"IVIN(; AN| f;NNA GAiN (I)1_)

B I_F Cb:IVIN(_ ANI f;NNA I_<)tN llN(i I _)Y24 (I)11)

q H[;{;EIVIN(; (:IIRCUI1 I+(_S:_ {I)1_)

10 Nt;1 CII4(UI_ I,OSS (l)li) (Z+_+4tS+6¢TIS+gt

11 qO]Al+ RECF;IV} I) f_(;W_ _¢ I>f li II}BM)

(1+10)

(I)BM,/tt7) EIA<V Z5 1) F;( ;

7 ENITt[ NOIYIE TI-;MP (D_:{; K)

ZENI]H N(.)ISK _PEC DEN (I)I_M/It/)

I_ CARRIER }'OWf;ft,/lt)lAI, I'(_W_ H IDltl

14 It FICE[VEI} CARRIEtl t'(JW_;R (DBM) (lltl_)

1_ CARRIF;R Ttttt_;SIIOI,D N(JlSF; BW (I)1_. It/)

CARRII:H TIIAI:KIN(; (t)NI<-WAY)

16 TIIRt SllOIJ) ,qNH 1N ZBI,() (Dill

17 TI1RESlIt) I,I) ( AltRlf;tt p()WF:tt IIIIIMI tl2#15+16)

18 I'l:ltt ()RMAiNCF: MAR(fIN Gill) 114-17}

DATA CHANNEl, (g- I/}}

19 DATA POWER/'[O'I ll_ t+t)Wt,R (Dill

20 WAVEI'ORM DISqORTI()N I,OY;S (liB)

21 I,O5S TbtROII(IIt RADIO SYSTEM (Dtt}

tlPIANE SNR IN ZBI, 0 (DB) I-WAY

DOWNI,INI% SNR IN 2BI, O (DBI

].Z SUBCARRIER D_:MOD I,OS.S 11)11}

23 BIT SYNC/DETECIlON LOSS II)BI

Z4 RECEIVf2D DATA POWER (I)BM_

(II+Iq+Z0+21+ZZ+Zh

L5 TttRESttOI,I) DA'IA POWF:R I[)l_M) (lZ_25atZ_t,)

• "rHRI'SHOI,D PT N II)R) (BfR 5 IN 10_1

b BIT RATE fDFi BPS)

26 P}:Rt ORMANC_: MARGIN (I)bl) (L4-_51

i

DATA CHANNEL (]i}- 1/tl

27 DATA POWER/TOTAl, POWER {DBI
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TABLE, 7H-3, PLAYBACK MODE 6 Hl(;ll RA'I E TELEMETRY

TEI_pY DKSTGN O_b/TR01, TABli

'l]ilJ?,4 _"_7 !'f'!)l:: HlfllI R.,17i_: PI,aYRA(':K iA'iJ :

' r'[}]'_, El ('}L_[,'_:[,: 8, 1 KBPS t2J,:]rhq:]:l_]r_] (]1_t7_][.: I-1/} BPS _TFf,,:']f'i!_:

Zl0 FOOT TBACEING STA'IION; (q l(IOl) ANIENNA TRACKING F-_lllt

1-31-67
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TABLE 7H-4. COMMAND CAPABILITY NEAR END OF MISSION

DESI(_I COhq_L TABLE

C{_i't_D _DI_ : FINAL COMMANDS FIAT}: :

DATA (_2qt_l,: I BPS SYNC CHANNEL: 1 ,aps 7TAT!0N:

210 FOOT "[RACKING STA_[ION; IX)W GAIN AN IENNA AT 0.0 CONE

J - )J -69

Vll

IA[_4(]_: AP._I VAL:

'[q_]]IN b[I [[0N: I_%T}I 7-I4-74 k_DIIRYl_C_ I_A]TOTION

19RAM/N]?R

I TOTAL TRANSMITTER POWER (DBM}

2 TRANSMITTING CIRCIII'I I,OSS (DB)

3 TRANSMITTING ANTENNA GAIN (I)/_)

4 TRANSMITTING ANTENNA |_OINTIN(; LOSS (DR)

5 SPACE LOSS (DR)

F = 2116 Mtlz, R 368._ w t06 KM

6 POLARIZ._TION 1,O2S (DR)

7 RECEIVING AN] I<NNA GAIN (DFi)

8 RECEIVING ANTI<NNA I'OINTING I,OSS (liB)

9 RF-CEIVING CIRCUIT lAIrS fDB)

l0 NET CIRCUIT EOSS {I_R} (L,_1'4+546_74@÷9)

| I TO TA L RECEIVED I>O W ER I'l TI (l)l_d_,tl ( I _ IO)

12 RECEIVER NOIFF _I_E<]TRAt, DENSITY

IDBM/IIZ) < L_,L %' : DEG

7ENITll NO1_,,%2 TEMP (DEG K)

ZENITlt NOISE SPEC DEN IDBM/ItT)

13 CARRIER P()WER/TOTAI. POWER (DB)

14 RECEIVED CARRIER POWER (DBM) (114"1_I

15 CARRIER TIIRESHOI,D NOISE .W (DB. liT)

5

CARRIER TRACKING IONE- WAY)

16 THRESHOLD SNR IN ZBI, O tDi,)

17 THRESHOLD CARRIER POWER (DRM) (12,15,16)

18 PERFORMANCI!. MARGIN IDB) (14-17)

DATA CHANNEl,

19 DATA POWER�TOTAl, POWER (DR)

20 WAVEFORM DI2TOR]ION I,OSS IDB)

_1 I,OSS T|IROUGH RA[)I(} SYSTEM IDRI

UPIANR fiNR IN IBLo (DB) I-WAY

DOWNI,INR SNR IN IBID fI)B)

22 SUBCARRIER DI<MGI) IX::,SS (liB)

_] lilt SYNC/DF_TECTION |,O_S II)R}

_4 RECEIVED DATA I'OWI<R tDBM)

[ 1 I + 19"}Z0tL I _ ?.Z _ L _)

25 THRESttOI.I) SYNC POWER (I)BM) (IZ_Z_a_ZSb|

b THRESIIOI,D PT/N (DR) (BER I IN 1021BIT RATE IDB. BI'2)

26 PEREORMANCF" MARGIN (liB) 114-2r,)

SYNC CHANNEL

27 SYNC POWER/TOTAL POWER (DB)

2 II WAVEI-ORM DISTORTION LOSS (DB)

29 LOSS THROUGH RADIO SYSTEM (DR)

UPLINH SNR IN ZBLo (DR) I-WAY

DOWNLINK SNR IN 2BLO (DB)

30 SUBCARRIER DEMODULATION LOSS (DB}

3 I BIT SYNC/DETECTION LOSS (DR)

32 RECEIVED SYNC POWER (DBM) (I 1_27',211"¢29+30+31)

33 THRESHOI,D SYNC POWER (DIEM) (IZ¢33l+33b)

THRESttOLD PT/N (DB) (BER • l IN [0 '_)
b BIT RATE (DB. BPS)

34 PERFORMANCE MARGIN (DB) (_IZ-]3)
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d. Relay Link Before Lander Touchdown

During the flight when the lander capsule is attached to the

spacecraft, a multiconductor cable connects the ends of the relay link together.

There are no transmitters or receivers required by the relay link at this tinge.

When the landing capsule is released, its 400 MHz trans-

r_itter must immediately begin sending data to the orbiter. Signal levels will

be abnormally strong at first because the receiver is so close to the transn_itter.

However, the bioshield base will be hiding the relay link antenna on the orbiter.

It is possible that a small probe on the cover will allow enough signal to leak

through to provide reliable communication. This probe, which can be later

jettisoned with the bioshield base, n_ay have to act more like an attenuator than

like a normal antenna.

e. Relay Link Turn-on Command Beacon

The beacon on the orbiter which transmits the turn-on

command operates only intermittently. It begins operation after the lander is

on the ground. An AM modulated conamand will be transmitted to the lander

approximately every minute. When the lander is sufficiently close, and signal

levels are sufficiently strong, stored telemetry data will be transnaitted fron_

the lander to the orbiter. More work remains to be done on the relay link

beacon to determine the exact power levels required for reliable operation.

f. Relay Link Telemetry

The performance margin of the entry relay link for the

out-of-orbit delivery mode has not been calculated. Preliminary investigations

of possible spread of look angles indicate that it n_ay be possible to use one

antenna array to provide coverage of entry and laz_ded phase for the majority

of orbits considered.

In order to analyze the relay links after capsule touchdown

7H-1Z
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for various orbits as well as optimize the location of each relay antenna,

figure-of-merit (FOM) function was utilized as follows:

where

FOM(t} = GSC " G L

RZ{t) (1)

GSC is the spacecraft receiver antenna effective gain

G L is the lander/capsule transmitter antenna effective gain

R(t) is the lander/capsule-to-spacecraft range

The effective gain of each antenna was approximated using the equation,

G = Gpeak (sin F F

where F = Z.78 O(t)

o
hp

O(t) = angle off antenna axis

2

; F{t} /-- rr (3)

O = antenna half-power beamwidth
hp

In order to isolate the effect of the trajectory geometry on the relay link FOM,

equation (1) was separated into two parts as follows:
e

FOM= -Gs/c peakR2 max" GL 'R_Z(t) _ -F's/7 Jt 1-_-7"--/

The second term was then used to represent the effects of trajectory geometry.

For convenience, the second term was converted to decibels as follows:

R g Max smFs/c 2 s,n 1_I g (5)
dbmargin = l0 lOgl0

R2lt)' '

If design control tables are referenced to 0.0 db antenna pointing losses and

maximum communication range, a positive db margin for equation (5) represents

positive performance margin for the link. Figure 7It-6 shows a plot of decibel

margin for a typical lander/orbiter relay link. The plot for trajectory A with

link parameters as shown in Table 7H-5 covers the initial pass and the ninety

day pass. The program used assumes a spherical planet and does not take

into account effects due to oblateness.

7H-13
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The preceding analysis assumes the use of a symmetrical

antenna with approximately 5-db on axis gain and a 104 degree half-power

beamwidth. The antenna axis is aligned along a cone angle of 117 degrees and

a clock angle of 252 degrees.

Preliminary examination of the landed view angles and entry

view angles indicates that positive performance margin must be maintained

over the solid angle defined by an antenna mounted with the axis aligned along

a cone angle of 138 ° and a clock angle of 259 ° with the semi-major axis

of the antenna platform aligned with the plane containing the spacecraft-to-

lander vector at 80 cone, 220 clock, and 150 cone, 360 clock. Further effort

is required to match the antenna characteristics to the range of possible orbits

and then determine the performance of the link,

7H-16
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SECTION VIII

BASELINE ORBITER SUBSYSTEM DESCRIPTIONS

A. STRUCTURE

1. Introduction

The structural design of the Viking orbiter is based on _he tech-

nology developed for the Mariner series spacecraft. The Viking has require-

ments for much greater capability than the Mariner '71 and this results in a

completely new structural design.

Figure 7B-I shows the configuration for the orbiter. Each major

structural component will be discussed. A weight estimate for each is shown

in Table 8A-1. Also shown are estimates for the lander capsule adapter and

the S/C adapter weights chargeable to tbe orbiter system weight allocation.

These weights are obviously dependent on the criteria, loads and assumptions

used in the preliminary analysis. These are discussed in the appendix.

2. Preliminary Structural Analysis

The orbiter system was modeled using a rigid capsule and

assumed launch vehicle stub adapter stiffnesses to permit a structural

analysis to be made from which dynamic characteristics and structural

member sizes and weights could be estimated. All members were assumed to

be made of aluminum.

The structural elements were sized on the basis of not exceeding

30,000 psi when subjected to a 1.0g (0-peak) lateral sinusoidal acceleration at

the base of the S/C adapter with shear at the base limited to 4 times the weight

of the total system but not limited by base bending moment. A static loading of

l0 g axial or 5 g lateral was checked and found not to be critical on any

members used in this analysis.

A finite element analysis was performed to verify the design and

to estimate structural weights. The analytical model was doubly symmetric

8A- 1
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Table 8A-1. Structure Subsystem Weight Estimate

Structure

Octogon
Chassis Subassemblies (12)

Cable Support Structure
Solar Panel Structure

Substrates ( 115 sc 1. ft. )

Outriggers
Misc. Bracketry and Attachments
Antenna Support Structure

High Gain
Low Gain

Relay Antenaa Bracket
(Solar Panel Beef-up)

Meteoroid Shield

Fasteners

(Propulsion Module Structure is
included in Propulsion Weight)

Total

Lander Capsule Adapter

Structure (truss)

Separation As sembly
Harness Assembly

Total

Spacecraft Adapter

Structure

Separation As sembly
Wiring Harness
Inflight Disconnect
Environmental Instrumentation

Other equipment in adapter see Section V.F.

78.0
11.0

6.0

1.5

2.0

3.0

Total

Weight (lbs)

74. 0

68.0

4.0

89.0

8.0

12.5

14.0

15.0

284.5

25.0

I0.0

7.0

42.0

122. 0
15.0

8.5

3.5

6.0

29.5

184.5

8A-Z
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",__f

and utilized 6 rigid components interconnected by structural elements.

these components,

l) 1/4 lander capsule assembly,

Z) I/2 oxidizer tank,

3) 1/2 fuel tank,

Each of

4) 1/4 pressure tank and motor assembly,

5) 1/4 planet scan platform, and

6) solar panel

has 6 degrees of freedom with appropriate mass coupling for the solar panel.

In addition, the 1/4 bus has 3 mass points with only uncoupled translational

mass. The L/V adapter interface was assumed to provide an uncoupled axial

stiffness of 8 x l05 lb/in, tangential stiffness of 3 x 105 lb/in and radial

stiffness of 5 x 103 lb/in at each of 12 truss points. Each mode was assumed

to have 1.0% critical damping unless the 4 g shear was exceeded.

The last iteration of the analysis showed about as many members

over the nominal stress as under and all in the 25, 000 to 40, 000 psi range.

Only the spacecraft adapter top ring was updated in weight at this iteration.

The solar panel was given an additional rigid body degree of freedom about its

long axis causing its support to be statically determinant to prevent it carrying

composite loads. All other rigid bodies acted as large structural elements of

the composite. A check was made to ensure that elements with the calculated

areas can have sufficient diameters to prevent buckling without exceeding

crippling stresses.

A tabulation of the natural frequencies of the structural model is

given in Table 8A-2.

3. Orbiter Bus

The orbiter bus is designed using the structural concepts of MM71

though it supports quite different loads. It consists of substantial upper and

lower rings with short longerons between them. Shear capability is provided

by the electronic subassemblies when they are bolted in place.

The spacecraft is attached to the spacecraft adapter at the four

longerons in the middle of the long bays. The attachment is made to the

adapter through a pyrotechnically separable bolt assembly.

The propulsion module supports are ties to the bus through the ring

at these four points, thus transferring loads to the adapter in a direct load path.

8A-3



Project Document No. 611-2 Section VIII
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Table 8A- 2.

Frequency, cps

7.4

22.

30.

36.

43.

50.

Orbiter Structural Model Modal Frequencies

Launch Configuration

S ymmet r y_",-" Limitation Griteria

SS acceleration input (acc.)
SS acc.

SS force

SS force

SS ace.

SS acc.

6.4 SA force

12. SA acc.

16. SA acc.

17. SA acc.

Z5. SA acc.

34. SA acc.

6.5 AS force

12. AS acc.

16. AS acc.

18. AS acc.

31. AS acc.

35. AS acc.

15. AA

16. AA

19. AA

33. AA

43. AA

5Z. AA

;:-'SS - Symmetric Symmetric--includes axial mode.

SA Symmetric Anti-Symmetric--includes bending in XZ plane.

AS - Anti-Symmetric Symmetric--includes bending in YZ plane.

AA- Anti-Symmetric Anti-Symmetric--includes torsion.
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The lander capsule adapter is attached to the bus by a truss at the

four longeron points. The truss supports for the centerline mounted scan plat-

form tie in at these points also. The ring at this end of the bus is sized pri-

marily by the loads from these components.

Outriggers are bolted to the longerons at the slxort sides of the

bus -- similar to MM71 -- to provide support for the solar panels at their

binge line. Cable harnesses and attitude control plumbing are routed on the

outriggers to get to the solar panels.

The high gain antenna is stowed on the side of the bus and is

supported by a truss structure which is deployable to place the antenna in its

initial pointing position. Pointing updates are made by r,_tating lhe antenna

about the deployed hinge axis with a stepper actuator.

4. Electronic Packaging

The configuration provides for twelve electronic assemblies of

the type used on MM69 and MM71. Electronic assemblies, shown in Figur(,s

8A-1 and 8A-2, are typical of the MM71 type and only minor modifications, i1

any, to the basic chassis design will be required for Viking. The batteries may

require new chassis design depending on the type and size it they are different

from the one selected for MM71. Table 8A-3 is a description ot the location

and function of the electronic assembly chassis. The only space for growth in

the electronic assemblies as presently proposed would be in EA III.

Approximately 80% of that assembly is available.

Electronic sensors and experiments requiring defined fields of

view are located outside of the electronic assembly compartment on the struc-

ture, solar panels or scan platform.

5. Solar Panel Substrates

The solar panels for the Viking orbiter are 48" by 84 _' which

gives a gross area of 115 sq. ft. (MM71 has 83 sqoft. ). The MM71 ic'chnology

is applied to these panels, The cell surface is a single skin on transverse

corrugations supported on beams. The panels are folded down and their lips

are supported by the spacecraft adapter during launch. A damper assembly

8A- 5
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Table 8A-3. Electronic Assembly Identification

ELECTRONIC ASSEMBLY FUNCTION

EA I(2)

EA. A (I)

EA II B(2)

EA Ill

EA IV A (2)

EA IV B(I)

EA V (2)

EA Vl A (I)(2)

EA Vl B (2i

EA Vll (2)

EA VIII A (I)

EA VIII B

DATA STORAGE

DSS/SPARE SPACE (80%)

COMMAND/TELEMETRY

ATTITUDE CO NTROL/CC&S

RELAY RADIO/RADIO FREQUENCY

RADIO FREQUENCY

POWER CONVERSION

BATTERY NO. I

BATTERY NO. 2

POWER REGULATOR

SC IE NCE

SDS/TV

TOTAL

(I) NEW ASSEMBLIES FOR VIKING '73

(2) REVISED EA FROM MM'71

+y

EAIV

EA

J
/

\
\

/

/

I EA_ZIB'J _ZII

/
/

\
\

t X" EAI
J-rr_ TrA

-y

/

_A _A

_A "_Z_Z B

\

\

\
+X
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Table 8A-3. Electronic Assembly Identification

ELECTRONIC ASSEMBLY FUNCTION

EA I(2)

EA IIA (I)

EA IIB(2)

EA III

EA IV A (2)

EA IV B(I)

EAV(2)

EA VIA (i)/2)

EA V I B(2)

EA VII (2)

EA vl. Aft)

EA VIII B

DATA STORAGE

DSS/SPARE SPACE (80%)

COMMAND/TELEMETRY

ATTITUDE CO NTROL/CC&S

RELAY RAD IO/RAD IO FREQUE NCY

RADIO FREQUENCY

POWER CONVERSION

BATTERY NO. 1

BATTERY NO. 2

POWER REGULATOR

SCIENCE

SDS,n'V

TOTAL

(I) NEW ASSEMBLIES FOR VIKING '73

(2) REVISED EA FROM MM'71

°X

\

EAT_Z"B

EA T_Z

/
+y

2.2

EAVT B

"
\ / l

/

\

/

/

\
\

_A _ZTTTA

I
2.2

!A _l]]Z B

I

+X
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is required at this tiedown Io aitenuate vibration response of the panels.

The beams of one panel must support the relay antenna array.

These beams require additional stiffness to do this.

6. Propulsion Module Structure

a. Propellant Tanks

The propellant tank design is based on lhp MN171 lank

design. The major structural difference is thal the four 1,qnks, \_itl_ 14-inch

cylindrical sections added, are required for Viking. 'l'h_, lank support con-

figuration requires changes in the lab locations on the l;tnks.

The material property dala for the 6V .t AI titanium which

is being developed for MMT1 will be directly applicable to the Viking tanks.

b. Pressure Vessels -- Pressuran! Gas

Four pressure vessels, 18 inches in diameter are manifolded

together and mounted on the end of the propellant lanks. These vessels arc also

made from £V 4 A1 titanium as are the two attitude control pressure vessels.

The design and fabrication of these vessels will reflect the technology develtq_ed

throughout the Mariner series spacecraft.

c. Support Structure

The propulsion module is designed to be an entity, with truss

members tying the tanks, pressure vessels and thrust plate together. Tabs arc_

fabricated on the tanks to accommodate the truss members dttachment fittings.

Motor alignment is made by adjustment of the motor on the lhrust plate.

7. Meteoroid Protection

A meteoroid shield is required for the propulsion module tanks.

The design proposed for MM71 incorporates a tightly woven fiberglass clotl_, i.e.,

Armalon as the outer layer of the thermal insulation blanket and a thin (0. ()]b)

8A-9
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sheet of aluminum as a back up sheet. The tightly woven cloth is effective in

breaking up the meteoroid particles and the back up sheet absorbs the energy

of the residual gases and particles. The Armalon cloth is spaced at least 1/2"

from the aluminum back up sheet.

Figure 8A-3 shows the effect on a particle which penetrated a

sheet of teflon cover layer over a thermal insulation blanket. Figure 8A-4

shows the effect of a similar particle which penetrated a blanket with an outer

layer of Armalon cloth at identical velocity conditions.

A meteoroid shield of this type of construction will ensure

adequate probability of no catastrophic puncture of the propellant tanks.

8. Antenna

a. High Gain Reflector

The high gain antenna reflector is based on Mariner tech-

nology. It is 58" in diameter and is fabricated using aluminum honeycomb core

sandwich with thin foil face sheets.

b. Low Gain Wave Guide

The low gain antenna wave guide is similar to those used on

previous Mariners. The length and support are different for Viking because of

the configuration changes. Its base is located as far outboard as possible on

the bus and it is latched to the propulsion module during launch and deployed to

a position parallel to the roll axis after spacecraft separation.

9. Lander Adapter

The lander adapter is an aluminum truss going from four separa-

tion points on the bus ring to eight at the capsule interface. The truss members

are 2 1/2 inch diameter tubes. The capsule is assumed to have adequate

rigidity to accommodate this configuration. A truss is not only desirable from

a structural point of view; it is required to accommodate the strategy selected

for landing site surveillance in which the instruments on the scan platform must

8A-10
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see out through the adapter.

Thermal leakage from the bus through the truss is taken to be

small, even with aluminum, but a material with a lower conductivity may be

required. The truss supports the lander umbilical harness which includes an

RF line to the relay antenna required inside the canister. An in-flight dis-

connect is located at one of the truss points at the bus interface.

Separation assembly spring housings are located at each truss

point also.

I O. Spacecraft Adapter

The spacecraft adapter is also an aluminum truss structure

spanning from the launch vehicle's 12-point truss adapter (station 2505.9 in. )

to four separation points on the ring of the orbiter bus. The loads calculated

for the vibration criteria discussed in section A-2 require 4-inch diameter

tubes for the truss members. The diameter of these thin wall struts is con-

trolled by a buckling criteria.

A large ring is located at the top of the spacecraft adapter and

must work with the bus ring at that interface to react the kick loads at the

orbiter-to-truss interface.

Values for the assumed launch vehicle stub adapter stiffness are

given in section A-2. The stiffness is assumed to be available from the rings

on the stub adapter and the thermal diaphragm support ring.

Miscellaneous equipment, including a wiring harness must be

attached to the truss members. The location of concentrated masses will be

such that bending loads in the members is minimized.

Specific attention will be given to the location of instrumentation

to obtain flight loads data during launch.

Separation assembly spring housings are located at each truss

point at the spacecraft interface.

8A-13
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RADIO FREQUENCY SUBSYSTEM

The radio frequency subsystem (RFS) receives uplink command and

ranging signals transmitted by the Deep Space Instrumentation Facility (DSIF)

and transmits telemetry and ranging signals to the DSIF. The RFS block

diagram is shown in Figure 8B-l. Received and transmitted frequencies are

in the S-band. When no uplink signal is being received, the transmitted

frequency of 2295 MHz (nominal) is governed by an onboard crystal oscillator.

When the receiver detects and achieves phase lock to an uplink signal, the trans-

mitted frequency is 240/ZZI times the received frequency (Zll 5 MI]z nominal).

When the spacecraft-transmitted frequency is under c(_ntrol of the o:_board

oscillator, the Dblk" can accomplish one-way doppler tracking. When the

spacecraft-transmitted frequency is under control ol the uplink received

frequency, the DSIF accomplishes two-way doppler tracking. The receiver

and exciter portions of the RFS are functionally similar to those utilized for

Mariner '71.

The spacecraft receiver recovers command and ranging information from

the uplink signal. Command data is sent to the flight command subsystem.

Ranging data, when present in the uplink signal, is sent through the RFSranging

channel to modulate the spacecraft transmitter in order to provide the turn-

around ranging function. This ranging function can be turned on or off by

means of ground command. A composite telemetry signal from the flight

telemetry subsystem also modulates the spacecraft transmitter.

The receiver operates continuously and is a narrow band, automatic

phase tracking double conversion superheterodyne. The receiver input stage

is a balanced mixer, using hot carrier diodes. The spacecraft transmitter

consists of the two exciters and two traveling wave tube (TWT) amplifiers.

Either exciter may be used with either amplifier, providing a fully redundant

transmitter capability. Switching between exciters and amplifiers is accomp-

lished automatically by circuits which periodically test exciter and amplifier

output. If the outputs are below a specified threshold, automatic transfer to

the redundant equipment is accomplished. Switching may also be performed

by ground command. Each of the amplifiers can be operated at 10- or 20-w

nominal output. Power output change is by ground command and is accomplished

by adjustment of operating voltages, Input drive is constant.

8B-1
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The RFS uses three antennas. The high-gain antenna, used for trans-

mitting before and during orbit, employs a 58-in.-diameter parabolic reflector

and a right-hand circularly polarized feed. One low-gain antenna, also

circularly polarized, is mounted on the sunward side of tt_e spacecraft and has

a hemispherical pattern approximately symmetrical about the roll axis. It is

used to receive and to transmit when the spacecraft is Sun oriented. The other

low gain (maneuver) antenna is mounted in the -Z direction hemisphere and

can be used during midcourse and orbit insertion maneuvers.

A summary of the radio frequency subsystem parameters is presented in

Table 8B-1.
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Table 8B-1. Summary of RFS Parameters

Uplink frequency

Downlink frequency

RF Output

Antenna s :

(I) High-gain

(2) Low-gain

Transmitting circuit losses

2115 MHz (nominal) Coherent PSK

2295 MHz (nominal) Coherent PSK

10w/20w Dual mode

58" parabolic Right hand circular polarized

Right hand circular polarized

1.5db

Weight and Power Requirements

Wt (lb}

High gain antenna

Low gain antenna

Maneuver antenna

Transponder

9.0

5.0

3.0

17.0

Power amplifiers 20.0

Microwave components 11.0

Control unit 3.4

Antenna feeds and cables 6.0

Totals: 74.4

Power (w)

23.0 (I)

99/62 (2)

123186

(1) One receiver and one exciter operating

(2) One PA: High power/Low power mode

Note: The above estimates are based on internal R&D tasks.

8B-4
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C • RELAY RADIO SUBSYSTEM

The relay radio subsystem (RRS) functions only after the Viking lander

capsule separation begins. During capsule separation, cruise and entry, the

RRS non-coherently receives and detects the 1348-bps frequency-shift-keyed

(FSK) 400-MHz signal from the capsule and relays the information to the

relay telemetry subsystem for subsequent transmission to Earth.

During the initial landing and three following orbital passes, the RI_S

non-coherently receives and detects the 20-Kbps FSK 400-MHz signal from the.

capsule and sends the information to the relay telemetry subsystem.

Additionally, the RRS contains a 4-w beacon transmitter which transmits

a 400 MHz AM signal to the capsule as an indication to start the lander radio

transmission. The subsystem consists (Figure 8C-1) of two (2) antennas

(one mounted in the bioshield base) with switching and duplexing to

allow required coverage during all mission phases. The 400-MHzsignal is

amplified by a preamplifier and mixed with a 370-MHz L.O. signal; the dif-

ference signal is amplified by the30-MHz If" amplifier which has sufficient

bandwidth (200 KHz) to handle either data rate with all expected doppler shifts

and oscillator shifts. The amplified signal is fed to two pairs of detectors. The

first pair of detectors is used to detect the low-rate FSK signal and has filter

bandwidths of 18 KHz with a center frequency separation of 110 KHz. The band-

width is sufficiently wide to accommodate the expected doppler and oscillator

uncertainties. The amplitude of the output of the filters are measured by

envelope detectors and the difference signal provides a binary data stream plus

noise which is sent to the relay telemetry subsystem for processing.

The second pair of detectors is used to detect the high-rate FSK signal

and has fiIter bandwidths of 55 KHz with a center frequency separation of

110 KHz. Filter center frequencies have been selected to allow use of the same

frequency and frequency deviation in the lander transmitter. The difference

signal from the high-rate (20, 000 bps) detectors is also sent to the relay

telemetry subsystem for processing•

Table 8C-1 lists a summary of RRS parameters.

8C-1
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Table 8G-l. Summary of Relay Radio Parameters

Uplink Freq. (from lander)

Downlink Freq. (from beacon)

RF Output (beacon)

Antennas

Two Low gain

400 MHz Non-coherent FSK

400 MHz A.M.

4 watts (approx.)

Right Hand Circular Polarized

Weight and Power Requirements

Wt

(Ib)

Antenna Array 9.0

SP2T Switch 1.0

Receiver 3.0

Transmitter Z. 0

Duplexer 1.0

Cables 2.0

Totals: 18.0 13

Power

(w)

1.0

2..0

10

Note: The above estimates are based on internal R&D

tasks.
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D. RELAY TELEMETRY SUBSYSTEM

The function of the relay telemetry subsystem (RTS) is to restore and

condition lander capsule data and to route it to either the flight telemetry sub-

system or the data storage subsystem. Figure 8D-l shows the relay telemetry

subsystem in relation to the FTS and DSS. The RTS c_msisis of two bit

synchronizers and the n)ode control and conditioning circuitry. The bit

synchronizers are essentially transition tracking Costas loops capable of

acquiring sync in under 100-bit periods. Understandably lhe presence of

sufficient data transitions in the bit stream is required for proper operation.

The RTS will handle the various lander capsule data modes in the following

manner:

1)

z)

3)

4)

The 1050-bph lander capsule status data will be buffered and

sub-commutated with orbiter engineering data.

The 1348-bps lander capsule check out data prior to lander

capsule separation will be hardline and will be routed directly to

the FTS where it will be put on a 34. Z86-Kitz subcarrier.

The 1348-bps lander capsule post separation and entry data will

be restored by the 1348-bps bit synchronizer, then buffered t,_

remove timing jitter and routed to the FTS for real time

transmission on the 34. Z56 KHz subcarrier.

The 20 Kbps landed data will be restored by the 20 Kbps bit

synchronizer and routed to the DSS. Since the DSS has a readout

buffer, timing jitter need not be removed prior to recording.

The mode control circuitry will be controlled by the orbiter CChS and

FCS, however it may be programmed to respond to bit synchronizer lock

detector indications when lander capsule data rate changes are expected to;

take place.

RTS Parameters:

Weight = 10 lbs

Power = 5 watts

8D-1
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El FLIGHT COMMAND SUBSYSTEM

The flight command subsystem (FCS) provides the following general

functions:

1)

z)

3)

4)

7)

Receives from the spacecraft radio subsystem the composite

command signal containing the command word information and

synchronization information.

Acquires phase coherence (lockup) with the synchronization in-

formation which is a pseudo-random signal, and establishes a

phase reference signal and bit synchronization signal.

Demodulates the command word information which is a biphase-

modulated sinusoidal subcarrier, using the phase reference

established by the synchronization process, and detects and re-

constructs the command word data bits.

Provides a detector lock signal indicating whether or not detector

synchronization with the received signal has been established.

Decodes the direct command word address bits and provides

a momentary switch closure to the proper spacecraft user sub-

system.

Decodes the coded command word address bits and directs a

serial binary 18-bit word, representing coded command data and

bit synchronization information, to the spacecraft central computer

and sequencer subsystem.

Decodes the quantitative command word address bits and directs

a serial, variable length pulse train to the scan subsystem.

A block diagram of the FCS is shown in Figure 8E-1. Three types of

commands are transmitted to the spacecraft: (1) direct command (DC) words

provide a momentary switch closure to spacecraft subsystems; (2) coded

command{CC) words provide serial bits to the spacecraft c_;ntral computer and

sequencer (CC&S) subsystem representing trajectory correction maneuver and

update program information; and (3) quantitative command {QC) words provide

a variable number of momentary switch closures to the scan subsystem.

8E-1
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The command detector performs the first four FCS functions listed

above. The detector data channel selects the command word information from

the composite command signal by means of a bandpass filter at the data sub-

carrier frequency. The subcarrier is phase-coherently demodulated and

filtered. The output is then reconstructed into binary bits by a decision circuit

and storage circuit and the resulting command word bils are directed to the

decoder. Pseudonoise (PN) command sync information is recovered from the

sync subcarrier by the detector sync channel and used to Jnaintain detector

lock.

The command decoder processes detected cokn_nand words, read_ tl_c

addresses, and ontputs either a switch closure to the addressed subsystems in

the case of a direct command, a serial bit word representing a coded com_and

(with accompanying sync information) to the CC&S, or a serial pulse train of

variable length to the scan subsystem in the case of a quantitative command.

The orbiter FCS will provide several direct command outputs to the

capsule as a backup to CC&S.

be rotated through the CC&S.

FCS Parameters:

Weight

Power

Command Bit Rate

Word Length

Required ST/N
o

Lock-up Time

Coded information intended for the capsule will

= 11.7 lbs

= 3. 5 watts

= 1 bps

= 26 bits, 18 bit available to CC command user
-5

= 16. 5 DB for Pbe <- lxl0

< lP. 5 minutes

As an example of the capabilities of a flight command subsystem a

partial listing of the commands to be utilized on Mariner '71 are given below in

Table 8E-I. This command list represents generally what must be anticipated

for a Mariner-class orbiter; of course, the flight command subsystem for the

Viking orbiter must also include commands which are imposed because of the

addition of a lander capsule.

8E-3
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F, POWER SUBSYSTEM

The Viking orbiter baseline power subsystem is essentially a major

modification of the Mariner '71 power subsystem. The modifications are

necessitated by the following guidelines and constraints:

1)

2_

3).

4)

5)

An orbit insertion mode with approximately 167 minutes of off-

Sun-line operation and a burn time of three times as long as

Mariner '71 is the worst case energy demand period.

100 days of Mars orbital operation with partial Sun occultation

during approximately 50 days,

The requirement for providing 5 to 18Z watts of Viking lander

capsule power during the transit and early orbital period.

A revised science payload.

A greater Sun-Mars distance than Mariner '71 results in a 26°7o

decrease in available solar panel power.

The above factors have revised the power subsystem philosophy estab-

lished on previous Mariner spacecraft. The battery selected for this mission

must be capable of providing approximately 70-75 flight cycles after the 6-7

month transit period. In addition, the battery is also used to supplement the

solar panel during the Viking lander capsule checkout period. The solar panel

has been sized for the mode of operation requiring battery charging towards

the end of the orbital cruise period.

1. Power Requirements

A mission power profile depicting the subsystem power require-

ments as compared to an operational mode of events is shown in Table 8F-la

and 8F-lb. Total raw power required during the period of orbit insertion

maneuver to a post-Sun-occultation mode will vary from 330 to 518 watts. Of

significance are the battery charging requirements of 125 watts, the TWT sub-

system continuous requirement of 96 watts and the approximate 3-hour Viking

lander capsule checkout requirement of 182 watts. During the orbit insertion

mode, the orbiter is off the Sun line for 167 minutes and the total battery

energy consumed is 1195 watt-hours. Approximately 2-60 watt-hours of this

8F-1
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Table 8F-lb. Preliminary Power Profile (Baseline)

OPERATIONAL MODE POWER SOURCE TIME OF OPERATIONAL MODE

I. LAUN CH

2. SUN ACQUISITION

3, CRUISE I BATTERY CHG ON (GYROS OFF)

4. CRUISE II BATTERY CHG OFF

5. CRUISE III V.L.C. CHECKOUT

6. MANEUVER

7. CRUISE I BATTERY CHG ON

8. CRUISE II BATTERY CHG OFF

9. ENCOUNTER

I0. GYRO WARM UP ON

11 . ORBIT INSERTION MANEUVER

12. ORBIT INSERTION MANEUVER

13. ORBIT INSERTION MANEUVER BURN

14. ORBIT INSERTION MANEUVER AND UNWIND

15. ORBIT CRUISE WITH V.L.C.

16. ORBIT TRIM WITH V. L.C.

17. ORBIT CRUISE WITH V.L.C.

18. ORBIT CRUISE WITH V.L.C. AND SCIENCE

19, ORBIT CRUISE WITH CAPSULE

20. V.L.C. PRESEPARATION CHECKOUT

21 . V.L.C. EVALUATION AND ASSESSMENT

22. GYRO WARM UP (BC JET MAN.)

23. BC JET MANEUVER

24. BC JET MANEUVER

25. V.L.C. SEPARATION MANEUVER

26. V.L.C. SEPARATION

27. V.L.C. SEPARATION MANEUVER UNWIND

28. ADAPTER JET MANEUVER

29. ENTRY RELAY

30. ORBITAL SCIENCE ON

31. ORBITAL SCIENCE PLAYBACK

32. ORBITAL CRUISE (SUN OCCULTATION)
33, ORBITAL CRUISE WITH BATTERY CHG

BATTERY

BATTERY

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

BATTERY

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

BATTERY

BATTERY

BATTERY

SOLAR PANEL

BATTERY

SOLAR PANEL

BATTERY

SOLAR PANEL

SP/BATTERY

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

BATTERY

SOLAR PANEL

BATTERY

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

SOLAR PANEL

BATTERY

SOLAR PANEL

L + 81 rain

2 hr NOMINAL

PI (20 Mar '74)

P - 3 hr II min
I

PI " 2h 52 m t°PI " I h55m

P1 " I h 55m to P I - 23 m

P1 " 23 m to P1 + 23 m

P1 ÷ 23m toP 1 +51 m

P1 +51 m to P2- 30 m

P2- 30 m toP2+ 30m

P2 + 30mtoP3 - 45m

P3"45rntoP3 + 33m

P3 ÷ 33 m to P4

P8 to P8 + 3 h

P8 +3htoP8 ÷ 12h

Plo-Sh6m
P - 3h58 m toP- 3h 42m

P - 4 h 42 m to P -3h 26 m

P-3h26mtoP-2h58m

P -2h58mtoP-2h4m

P- 2h4mtoP- lh52m

P ° 1 h44mtoP- I h 28m

P-29mtoP+Sm

P-60mtoP-20m

P+ 11 mtoP+7h

2 hr MAXIMUM

22 hr 42 m

8F-3
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total are due primarily to the additional 30 minutes of orbit insertion burn

lime occurring with the single motor operation. Figure 8F-1 depicts this

period which is the basis for the sizing of the battery.

2. Solar Panel

The primary power source selected for this mission has been

based on the utilization of Mariner '71 solar cell technol,_gy, ttowever, when

projecting this technology to a 20 March 1974 arrival date, a significant loss

in performance occurs due primarily to the increased distanct, of ll_e NLtJ_ witl_

respect to Mars. Figure 81.'-Z compares the Sun-Mars distance for a

M,irint, r '71 and witl_ tl,at oi theViking arrival date.

At tht. tinle of arrival Z0 Marc:h '74, Mars is approxinlately 1. _Z AU
2

from the Sun, equivalent to 53. Z mw/cm Solar cell l_erformance is estimated

at 5.80 w/ft 2 (-10°C). Itowever, a conservative estil_late of 10%degradation

due to solar flare activity and an 8% reduction due to _lncertainties in predicting

the nominal power due to measurement limitations reduced the specific power

tLo q. 75 w/ft Z (-10°C) at arrival. The specific power is fllrther reduced to

4.45 w/ft 2 (-16 °C) 90 days after arrival. An additional 2% radiation loss is

assumed for this time period. Based on a preliminar 5 load analysis for this

period, 461 watts of raw power are required. On this basis, the total active

solar panel area required would be approximately 104 ft z. Total power at the

timu of arrival is 494 watts and degrading to 464 watts after 90 days. Note:

the Mariner '71 panel consisting of 74. 7 ft 2 of active area would produce at this

point in time, approximately 350 watts. Table 8F-Z summarizes the solar

pam.l performance characteristics at near Earth and at Mars including 90 days

after the arrival date.

The present solar panel configuration (Ref. Figure 7B-I) consists of

four rectangular panels. Total panel weight, not including structure and based
2

on Mariner '71 technology is 69.68 lbs for 104 ft of active area.

3. Battery

The desire to achieve a total of approximately 70-75 flight dis-

charge/charge cycles including approximately 50 Sun occultation periods has

8F-4
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necessitated a deviation from the present Mariner '71 battery philosophy.

Hermetically sealed nickel cadmium batteries have been selected for the Viking

mission because of their cyclic capability. Total energy consumed during a

worst case period of operation (167 minutes off the Sun line for the orbit in-

sertion mode of operation) is 1195 watt-hour Total battery capacity is

estimated to be b0 ampere- hour and is based on a 70% depth of discharge.

During the maximum 2-hour Sun occultation periods, a total of 720 watt hour

are consumed representing a depth of discharge of approximately 42%.

Because of the desire to reduce the solar panel area required for battery

charging, two 30-ampere-hour'batteries have been selected which are discharged

in parallel but charged sequentially. Each 30-ampere- hour battery consists

of 24 cells with a battery potential ranging from 32. 5 to 25. 8 volts DC.

The weight of each battery including a 1 5% case weight is estimated to be 69 lbs.

Total battery weight is 138 lbs. Total battery volume is estimated to be ap-

proximately 1.4 cu. ft.

a. Battery Charging

Battery chargers are provided for replacing energy consumed

during normal battery operation. In addition, periodic charging is performed

during the transit period to replace energy lost due to the charge retention

characteristics of nickel cadmium batteries. Trickle charging during this

period is also an option.

The charging of the 30- ampere- hour batteries in this con-

figuration is accomplished with constant current at the C/IO rate (3 amp) and

constant potential, current limited. In the interests of saving approximately

28 ft 2 of solar panel area, charging of the two batteries is accomplished

sequentially. Sufficient time is available throughout the mission to accomplish

this. The battery charger/discharge control unit weight is estimated to be

4. 5 lbs each or a total of 9.0 lbs.

4. Power Conditioning

The orbiter baseline power conditioning shown in Figure 8F-3,

Viking Functional Block Diagram, utilizes the Mariner f71 technology with

8F-8
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some modifications to the booster regulator and main inverter to accommodate

increased power requirements. The system provides regulated dc power,

derived from aDC-DC converter booster regulator to individual inverters which

provide -- (a) 2.4-KHz, single-phase, square-wave power; (b) 400-Hz, three-

phase, quasi-square-wave power; and (c) 400 Hz, single-phase, square-wave

power. A separate DC-DCconverter provides regulated 28-VDC power from

the unregulated raw bus.

a. Booster Regulator

The main booster regulator is designed to provide regulated

power to all the Viking orbiter loads with the exception of the TWT system, the

propulsion valves and gimbals, and the Viking lander capsule. The output

voltage is a regulated 56 VDC at a tolerance of +1%. Due to the increase in the

orbiter power requirements, the Mariner '71 main booster regulator must be

upgraded from a 250 watt maximum to approximately 305 watts for 45 minutes

of operation. Tables 8F-la and 8F-lb summarize the booster regulator output

power requirements. An identical standby booster regulator serves as a backup

to the main booster regulator and will provide power to the aforementioned

orbiter loads in case of failure of the main booster regulator. Switchover is

controlled by onboard detection of over -- or under -- voltage at the output of

the main booster regulator. The weight of each modified booster regulator is

estimated to be 6.0 lbs. Total weight is estimated to be 12.0 lbs.

b. Main Inverter

The main inverter output is designed to provide 2.4-KHz
+Z

+.01% single-phase, square-wave power at 50 VRMS -3% from a regulated

56-VDC ±1% input. The Mariner '71 main inverter must be modified, due to

the increase in orbiter power requirements, to provide a maximum of ZS0 watts

for 78 minutes of operation from the present ZOO watt maximum output. Tables

8F-la and 8F-lb summarize the main inverter output power requirements. In

the event of a failure, the system will switch to a standby inverter with identical

output characteristics. Timing signals to the central computer and sequencer

are provided from the main inverter. The weight of each modified main in-

verter is estimated to be 3.0 lbs. The total weight is estimated to be 6.0 lbs.

8F-10
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el 400-Hz Inverter

The Mariner '71 400-Hz inverter, including both single-phase

and three-phase outputs, may be used without moditication. The output charac-

teristics of the single-phase portion, including both amplitude and frequency arc

28 VRMS +5% square wave and 400 Hz 4-0.01% in the normal mode, respectively.

Average power output is 15 watts at 28V with a peak loading of 21 watts for a

maximum of 60 seconds. The 400-Hz three-phase power output characteristics,

including both frequency and amplitude, are 400 Hz :tO. 01% in the normal mode

and 27.2 VRMS +5°]o line-to-line, quasi square wave, respectively. Average

power of the three phase output is 12 watts with a peak of 15 watts. The weight

of the 400-Hz inverter is 3. 51 lbs.

d. DC-DC Converter

The Mariner '71 DC-DC converter is utilized for the pro-

pulsion valves and gimbals. This unit converts the unregulated bus voltage to a

regulated 28 VDC. Power output required is 80 watts. The weight of the DC-DC

converter is estimated to be 6.0 lbs.

5. Power Distribution

The Viking orbiter power distribution philosophy is basically that

of Mariner '71 with modifications for a battery charge/discharge control and

revised Viking orbiter power requirements. The solar panel output is dis-

tributed to the power source logic unit whereupon the unregulated DC power is

distributed to the DC power distribution unit for Viking lander capsule usage.

Unregulated or raw DC power is also distributed to the DC-DC converter as well

as the boost regulators, battery chargers and the telecommunications system

for separate conversion. The output of the two nickel cadmium batteries is

distributed through battery discharge control units for equal sharing of the

batteries during discharge.

8F-!I
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a. Power Source Logic (PSL)

The power source logic unit contains the DC bus from which

the solar panel and battery output are connected. The unit also contains the

kinetic switch for selection of internal or external power, the isolation diodes

for the solar panel sections and a portion of the power subsystem telemetry

transducers. The PSL unit weighs 8.0 lbs.

b. Power Control

The power control subassembly contains the failure sense

circuit to detect out-of-tolerance conditions in the main power chain, the

power control relay to switch from the main power chain to the redundant or

standby power chain, the attitude control relay that switches power to the

attitude control system and additional power subsystem transducers. The

weight of this unit is 2. 35 lbs.

c. Heater -- Viking Lander Capsule DC Power Distribution

This modified Mariner '71 unit contains the fuses for the

power to the orbiter heaters, a current telemetry transducer and relays con-

trolled by the flight command system for the battery test load. Unregulated

power to the lander is distributed through a relay in this unit controlled by the

CC&S. Short circuit protection and the prevention of reverse flow of current

from the Viking lander capsule are also contained in this unit. The heater --

Viking lander capsule DC power distribution weight is estimated to be 2. 0 lbs.

d. Power Distribution Subassembly (PDS)

The PDS receives signals from the flight command system

and the CC&S for distribution of the orbiter power. The signals are then pro-

cessed in the module to actuate magnetic latching relays for power distribution.

The input control signals are isolated switch closures between the command

and the command line common of two types: pulse saturated transistor and

pulse closure of relay contacts. The PDS unit weighs 1.83 lbs.

8F-IZ
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6. Subsystem Weight

A preliminary weight breakdown of the orbiter power subsystem

combined with the design status of each component is shown in Table 8F-3.

The total weight of this system is approximately 60°70heavier than that of the

Mariner '71 power subsystem. This is due primarily to the increased solar

panel area combined with the increase in battery capacity required.

8F-13
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G. CENTRAL COMPUTER AND SEQUENCER

i. Introduction

The Central Computer and Sequencer (CC&S) provides event

timing and sequencing of all spacecraft functions which must be generated on a

time-dependent basis. This sequencing is generated by a special purpose pro-

grammable computer with fixed sequencer redundancy in the maneuver mode.

Timing and sequencing (excepting the fixed sequencer) is programmed into the

CC&S prior to launch and can be modified during flight by coded commands

(CC). The Central Computer and Sequencer functional block diagram, shown

in Figure 8G-I, consists of a special purpose computer and a fixed sequencer.

The estimated CC&S weight is 27. 5 Ibs.; it consumes 20 watts of power,
3

(41 watts at launch) and occupies a volume of 600 in.

2. Baseline Mechanization Description of CC&S.

a. Computer Mechanization

Approximately 80 percent of the total CC_S subsystem

is organized into a computer which may be classified as a stored program,

serial operating, special purpose digital machine. The design as implemented

is an outgrowth of Voyager studies tailored to state-of-the-art techniques

available within schedule and resources to support the Mariner Mars 1969

mission. The computer, utilizing a prelaunch stored program which is

inflight variable, can generate all required CC&S mission functions for Mariner

Mars 1969. With additional program storage capability and event actuators,

the design flexibility is such that all functions estimated for Viking in the

JPL "baseline design" could be implemented. This design approach has been

selected to correct inherent flexibility deficiencies in fixed sequencer designs

previously utilized with the objective of developing an overall design requiring

minimum change and qualification for future similar missions. The computer,

as shown in Figure 8G-2, consists of the following basic elements presented

in the order by which they will be defined:

8G- I
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1) Input decoder

Z) Clock

3) Processor

4) Memory

5) Event decoder

6) Volatility protection

7) Power conversion

(1) Computer input decoder

The computer input decoder has the primary

function of receiving inflight coded commands (CC's) from the FCS and routing

the contained data into the computer memory. Secondary functions include

controlling inflight readout of the computer memory via the FTS and prelaunch

memory loading and readout via the CC&S-OSE as well as direct decoding

capability for CC commands. The reception and routing of CC words, for

memory loading and readouts, is done in a real-time mode in that

normal timekeeping routines are temporarily interrupted in the computer.

Such command loading is thus restricted to intervals when the CC&S is in

cruise mode (one-hour operation cycles) unless time losses or subsequent

reprogramming can be tolerated. This loading restriction saves considerable

circuitry within the CC&S at essentially no penalty to the spacecraft since all

loading cycles would normally occur during intervals when the CC&S is in

cruise mode. A timed interlock is provided in the input decoder to return the

computer to real-time operation should the CC word be interrupted before

completion.

(g) Computer Clock

The computer clock serves as the source of

reference signals required by the processor and the memory. It accepts a

2.4-KHz reference frequency and divides it down to the following: 1) provide

signals required by the processor scan control, Z) provide the read/write

digit pulse rate for the memory, 3) provide the time base for counting down

the motor burn duration, and 4) provide a pulse every hour to the A/C

subsystem (referred to as the Canopus gate cyclic).
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(3) Computer Processor

The processor contains facilities for: addressing,

fetching and storing of binary information in the memory, sequencing of

instructions stored in memory, arithmetic and time-dependent processing

of memory information, and controlling the initiation of relay actuations.

The data cycles executed by the processor are, of course, directly related

to the information as fetched from the memory. The processor is initiated

via the scan control logic (in the control logic block of l.'igure 8G-2) during

each hour pulse or during each minute pulse if the minute toggle has been set

(by a DMJ instruction)or during each second pulse if the second toggle has been

set (by a DSJ or TAB instruction). The processor also starts during any

external interrupts such as power turn on, the loading of memory word from

tt_e FCS, etc. Any external interrupts will set the second toggle. The scan

control logic is essentially a hardwire executiw _. in the processor.

The internal CC&S instruction word format con-
o

sists of twenty-two (22) bits, four (4) bits of operation code, two address

codes of nine {9) bits each called A and B.

(LSB) (MSB)

[ Op Code ] Address A Address Bl
I 4 5 13'14 22

INSTRUCTION FORMAT

The internal CC&S time/event address word format

consists of twenty-two {22} bits, thirteen (i3) bits of time magnitude, and

nine (9) bits of event address.

(LSB) {MSB!

Time Magnitude Event Address

13 14 Z2

TIME/EVENT ADDRESS FORMAT
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bits.

The internal CC&S data format is twenty-two (22)

(LSB) (MSB:

1 DATA FORMAT 22

(4} Computer Memory

The memory provides ferrite core storage and

associated input/output circuitry for the computer program. Storage capacity

is 512 words of 22 bits each. Words may be randomly addressed, but bits must

be sequentially read from each word. Readout of each bit is destructive and

requires restoration of the stored state with each bit readout cycle. A special

one-word storage register (referred to as the X or transfer register) is

included and is addressed and read in parallel with each and every one of the

512 main memory words.

(5) Computer Event Decoder

The event decoder converts event address infor-

mation furnished by the processor into relay actuations. A partial decoding

matrix capable of decoding 72 discrete states from a nine-bit address has

been mechanized so that from one to three of these discrete states in certain

restricted combinations may be simultaneously selected.

(6) Computer Volatility Protection

To help assure the ability of the computer to

function from launch to the end of mission without reliance on ground command

and to minimize the possibility of computer interference due to abnormal

performance during mission critical functions, it is mandatory to protect

program storage to the maximum extent practicable. The following factors

were used in the development of the CC&S: minimizing, by program, the
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intervals during which the CC&S is volatile to excessive power transients

{greater than 20 percent) or power dropout; and to sense such transients so

that, should they occur when program is volatile, operation will be automati-

cally stopped until the program can be analyzed and corrected by ground

command as necessary. Studies of typical mission profiles and CChS related

programs indicate the program is volatile about 0. 003 percent of the mission

time. This, of course, occurs when the processor is scanning the memory

storage and is executing instruction cycles dependent on data contained in

semiconductor circuitry. It is a near certainty that excessive transients or

power dropout during scan would destroy large quantities of program data

which could force the computer into an uncontrolled performance mode. A

power monitor (tolerance detector} is provided in the CC&S design which

detects all transients in excess of two-microseconds duration and -20-percent

amplitude variance from normal input power.

(7) Computer Power Converter

The computer power converter consists of trans-

formers, rectifiers, surge suppression chokes and switching circuitry, and

pulse power storage capacitors. All DC power is converted from 2.4-KHz

spacecraft power without secondary regulation. Turn-on surge protection

within 150-percent overload is accomplished by chokes in the +4-VDC and

-4-VDC supplies. Relay resistance stepdown is provided in the +8-VDC

and +28-VDC supplies. Pulsed power storage is provided to handle peak

loads of relay switching without reflection into the primar 7 winding.

b. Fixed Sequencer Mechanization

The fixed sequencer, as shown in Figure 8G-3, pro-

vides redundant maneuver capability within the CChS. The computer and

sequencer are electrically independent except at their output interface where

voting on the output function is performed with quad redundancy. Thus

maneuver operations are protected from single component failures. Prior

to the start of a fixed sequencer maneuver, the duration values for spacecraft

pitch, rolls, and motor burn must be received via ground command.
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Subsequent receipt of DC-Z7 will immediately start the maneuver by

removing the maneuver clamp which allows the counter to count. Similarly,

the computer has been mechanized to start the maneuver. 4096 seconds

after receipt of DC-Z7 or a computer enable signal, the counter overflows

and starts the roll turn for the duration stored. After completion of ro11,

a fixed interval of 512 seconds is counted which, at its conclusion, starts pitch

for the stored duration. After completion of pitch, another 512 seconds

later, the second roll turn is executed. At completion of roll, another fixed

interval of 512 seconds is counted before starting motor burn for the stored

duration. 512 seconds after motor burn completion, the spacecraft goes

through turn unwinds -- roll, pitch, roll. At a fixed interval of 512 seconds

after unwind maneuver completion, the Attitude Control Subsystem is returned

to the cruise mode and automatic reacquisition starts immediately. Pitch

and roll turn durations are counted down at a l-pps rate and may have values

from 1 to 2047 seconds. The motor burn duration is counted down by the

output pulses from the accelerometer. An abort of the maneuver via DC-13

will immediately reset the fixed sequencer and allow a second (fixed

sequencer) maneuver to be executed as soon as proper roll, pitch, roll, and

motor burn durations have been established. The fixed sequencer consisted

of the following functional units:

1)

z)

3)

4)

5)

6)

Input decoder

Counter

Duration control logic

Storage registers

Relay drivers

Power conversion

I1) Sequencer Input Decoder

The input decoder provides the following

functions: selects sequencer load words from GC command words, transfers

appropriate sections of the word to the proper magnetic shift register for

storage, checks the load word for proper parity, and stores pitch and roll

polarity until needed in executing the maneuver.
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(Z) Sequencer Counter

It is the function of the sequencer counter to

provide those timing signals necessary to perform a fixed sequence midcourse

maneuver. To this end the counter accepts a 2. 4- Hz input reference fre-

quency and divides it down to provide signals to operate the turn registers

(motor burn duration is provided by counting accelerometer pulses), to provide

a fixed delay between maneuver events and to provide the initial delay period

required for gyro warmup.

(3) Sequencer Duration Control Logic

The heart of the duration control logic is a

magnetic core stepping switch which controls the counter gating noted in the

previous section, controls turn on of roll, pitch, roll, and motor burn

registers in the count mode, and controls initiation of fixed time event relay

drivers to activate maneuver events.

(4) Sequencer Storage Registers

The sequencer storage registers used to store and

execute maneuver turn and motor burn durations are magnetic core shift

registers of 11 bits each. Each register is provided with exclusive OR logic
11

feedback from the ninth and eleventh stages in order to generate Z -1

discrete count cycle for duration timing. (The motor burn duration register

is buffered by -_3Z counter.) It must be noted that the count cycle is not

binary and is best determined by referring to tables listing each sequential

discrete state (table for counting state is shown in PD 605-139, "Mariner

Mars 1969 Spacecraft Central Computer and Sequencer Coded Command

Synthesis").

(5) Sequencer Relay Drivers

Included in the fixed sequencer are relay drivers

and a sink driver that provides pulsed continuity. These drivers are
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independent of the computer in order to guarantee that a single component

failure in the relay drivers will not affect the ability of the computer to

actuate maneuver event relays.

(6) Sequencer Power Conversion

Power conversion for the sequencer is relatively

simple in comparison to that required by the computer since only two

voltages, +4 VDC and +28 VDC_ are needed. These DC voltages are turn-on

surge limited, have no regulation, and are DC isolated from the spacecraft

Z.4-KHz input power by their transformer-full-wave rectifier generation

system.

3. Baseline Functional Considerations

The basic configuration of the CC&S for Viking is essentially

the same as that of Mariner'71. Sequencing for launch/cruise, midcourse,

orbit insertion, capsule checkout initiation, capsule release initiation, and

orbital operations would be provided with CC&S updating or reprogramming

in flight. The addition of a capsule-lander on the spacecraft requires

additional CC&S subroutines. It is the purpose of this section of the report

to delineate the requirements of the Viking CC&S design.

a. Memory Capacity Consideration8

The most important part of a programmable CC&S is

its memory capacity. It is in the memory that the mission sequence of events

is stored. Therefore, the reliable use of the CC&S in any flight mission can

only occur if adequate memory capacity exists to store basic subroutines

such that ground command reprogramming is held to a minimum. The

allocation of memory for the various mission event sequences for the Viking

mission is as follows:

(1) Launch/Cruise

During the launch-cruise phase of the mission,
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the CC&S is required to generate a sequence of events for countdown, space-

craft separation, attitude stabilization, and cyclic updating and testing. It is

anticipated that the Viking CC&S program will require 38 memory locations

for launch/cruise subroutines.

(2) Midcour se Maneuver(s)

During the midcourse maneuver(s} the CC&S

is required to initiate the turn on of the gyros, to provide timing for the proper

spacecraft attitude orientation, and to provide counting for motor burn ter-

mination. Presently, Viking requires three commanded turns - roll, pitch,

and roll, for engine and maneuver antenna orientation. Because stray

light in the vicinity of the planet affects both the sun sensor and the Canopus

sensor, performing a reverse attitude maneuver (unwind maneuver) after

engine burns is desirable. The Viking midcourse maneuver program requires

37 memory locations.

(3) Antenna Pointing

The CC&S provides updating commands for the

high gain antenna throughout the Viking mission. These commands contain

antenna position and periodic times for updating the antenna. The simplest

CC&S mechanization is to use a "cyclic-pulse event" to update the antenna.

Upon occurrence of the cyclic event, a series of clock pulses are sent by the

CC&S to the antenna position control mechanism to drive the antenna to the

desired position. At present it is assumed that the antenna control subsystem

has only one degree of freedom. Cyclic event pulses are provided on a daily

basis. However, if finer pointing of the high-gain antenna is required, a

technique similar to the pointing of the scan platform would be employed.

(4) Scan Platform Pointing

The Viking orbiter will require a two degree-of-

freedom (clock and cone) scan platform. The scan platform and control

utilize the MM'71 design. Studies have indicated that a near optimum selection
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of minimum CC&S memory and best pointing accuracy is to use a linear-slope

approximation technique. The preliminary CC&S memory requirements for

linear-slope programming indicate that 41 words are required for one slope

with an allowance for the return of the platform to an initial position.

Additional slopes require 9 words each for a change in one axis and 15 words

for a change in both axes. The scan platform pointing sequence is initiated

by the central computer and sequencer signal which turns the scan platform

on. The "power on" signal commands the scan to slew the platform to the

required clock and cone angle references. After some preset time, which

allows for ground verification of scan performance, the CC&S then commands

the platform to point at the prescribed clock and cone angle. The pointing

is accomplished by a series of clock reference update pulses from the CC&S

to slew the platform to the required position at the proper times.

(5) Orbit Insertion

During the orbit insertion phase, the CC&S

provides the spacecraft with a sequence of events such that the gyros are

turned on, the motor gimbal angle null positions are updated (if necessary),

the spacecraft attitude is rotated to the proper orientation, and the motor

burns for the proper velocity increment so that the predetermined orbit

can be achieved. The execution of the sequence will be totally automatic

at a predetermined orbit insertion time. The orbit insertion program will

be initiated by the computer with ground command as a backup. The Viking

orbit insertion CC&S program consists of 47 memory locations assuming

no solar occultation contiguous to orbit insertion. Solar occultation backup

switching will be handled by the CC&S during orbital operation.

(6) Orbital Operation

Prior to the release of the lander-capsule, a

series of scientific experiments will be conducted by the orbiter. The CC&S

presently plans to provide power on/off commands for each of the experiments

on board the orbiter. The CC&S will also control the pointing of the scan
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platform and the playback rate of the telemetry data. Because of stray light

effects from the planet during orbital operation, the CC&Swill act as a back-

up for the stray light sensor to place the spacecraft in a roll inertial mode.

It is anticipated that during the Viking orbital operation the spacecraft will

experience solar occultation. During these periods the CC&S will provide

backup switching to place the spacecraft into inertial hold. During orbit

trim the CC&S wilt provide the trim control functions. One of the prime

requirements of the orbiter is to act as a communications relay link

between the lander and Earth. The CChS will provide commands to control

the tape recorders and to point the antenna. Preliminary estimates indicated

that orbital operations will require a minimum of 168 words of memory.

(a) Capsule-Lander Checkout

One of the capsule requirements on the

orbiter system is that the Viking orbiter CC&S has the ability to initiate the

capsule-lander, checkout program. The assumptions made are that the

capsule-lander sequencer has a memory capacity of at least 64 locations and

that the checkout program requires 46 memory locations.

Option A. The capsule-lander checkout

program will be stored in the lander sequencer memory. The lander mission

sequence will be stored in the lander. The capsule-lander checkout program

will be initiated by the orbiter's CC&S. Any updating or reprogramming of

the lander sequencer can be handled through the orbiter command system via

the CChS. It is anticipated that a subroutine requiring 1Z CChS memory

locations will be required.

in options B and C.

Two alternatives to the above method are described

Option B. The capsule-lander checkout

program will be performed by the orbiter CC&S via the LC&S. The orbiter

CC&S will allocate 46 memory locations to store tile capsule-lander checkout

program. The checkout program will consist of turning on various science

subsystems in the lander, a time verification of various event occurrences and

updating the lander sequencer. The mission sequence of the capsule lander will be

stored in the lander sequencerts 64 memory locations. Any variation of the

lander mission sequence will be accomplished by reprogramming the orbiter
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CC&S, then a transfer in storage locations between the orbiter CC&S and the

capsule-lander sequencer.

Option C. The assumption made in this

option is that the capsule-lander checkout program is initially stored in the

lander sequencer memory. To initiate the lander sequencer checkout pro-

gram would require 4 CC&S memory locations. After the completion of the

lander checkout, the lander's mission sequence program stored in the CC&S

memory will be transferred to the lander-sequencer memory. Hence, the

total number of CC&S memory locations required to satisy the option C re-

quirement will be 74 CC&S locations.

(b) Capsule-Lander Separation Maneuver

The pre-capsule lander maneuver requires

the spacecraft attitude to be changed to provide the proper orientation for the

capsule deflection motor firing. This maneuver is essentially a no-burn mid-

course. Therefore, no additional CC&S memory is required. However, two

CC&S memory locations will probably be required to enable and back up the

separation of the lander from the orbiter. After the ejection of the lander, an

unwind maneuver will be required to permit reacquisition of the celestial

references.

Table 8G-I summarizes the central computer

and sequencer memory requirements for the Viking mission for various lander

checkout options.

b. Maneuvers

The Viking spacecraft requires many maneuvers throughout

its mission, There are essentially two types of maneuvers: spacecraft attitude

maneuvers and maneuvers which require motor burn. The CC&S can control

these maneuvers in three different modes: tandem, computer only, and

sequencer only. The tandem mode is the maneuver control mode in which

the fixed sequencer is the prime maneuver element with the computer pro-

grammed to follow along and check its operation. The computer only mode is

the control mode where spacecraft maneuvers are controlled only by the
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TABLE 8 G-I

Mission Phase No. of CC&S Memory Locations

Option A Option B Option C

Launch/Cruise 38 38 38

Midcourse Maneuver 37 37 37

Orbit Insertion 57 57 57

Orbital Operation 168 168 168

Capsule-Lander Checkout 12 58 74

Capsule-Lander Ejection 10 10 10

Antenna Pointing* 4-50 4-50 4-50

TOTAL 3Z6-372 37Z-418 388-434

*The smaller number represents antenna pointing by generation of

a cyclic event.
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computer. During the sequencer only mode the spacecraft is controlled only

by the sequencer. Table 8G-2 summarizes the CC_,S maneuver control modes.

(1} Midcourse Maneuver (:onsiderations

The Viking mission will use the sequencer to

integrate the output accelerometer pulses and the computer as a timed backup

for control of midcourse burn (tandem mode}. As indicated above, in the tandem

mode the fixed sequencer is the prime maneuver element with the computer

programmed to follow along and check its operation. Should the sequencer

err, or should the computer err in checking the sequencer during the turns,

tile maneuver would be automatically aborted. However, the checking process

is modified for the motor-burn event. To allow the motor to start, the com-

puter issues a start signal just prior to the expected sequencer start. If the

sequencer start occurs within 2 seconds of the computer start, the motor is

fired, the abort is disabled, and both the computer and sequencer simultaneously

start to count down the motor-burn duration. Whichever completes the countdown

first issues the stop-motor-burn command. This provides backup protection

against an overlong burn and increases the probability of an early shutdown,

which could be corrected by a second midcourse maneuver.

(2) Orbit Insertion Burn Maneuver Consideration

The orbit insertion phase of the Viking mission

can be ground command independent. Therefore, the execution of the orbit inser-

tion burn maneuver should require no ground commands. The CC&S maneuver

control mode selected for orbit insertion is the sequencer only mode. The

sequencer is initiated by the computer at a preprograrnrned nominal time. The

computer then acts as a backup for the orbit insertion burn maneuver.

4. Interface Definitions

The CC&S provides services to the various subsystems of the

orbiter and the lander. These services are in the form of commands to

activate various mission events and signals for control of the spacecraft.
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Almost all communication between the orbiter and the lander is accomplished

via the orbiter CC&S. The functional interfaces between the CC&S and the

various subsystems (including the lander) are presented below.

a. CC&S-Orbiter Subsystems

(l) Command Subsystem

system interface.

The CC&S receives all data via the command sub-

(2) Telemetry Subsystem

The interface between the CC&S and the telemetry

subsystem is essentially that of switching functions, i.e., switching of data

modes, bit rates, etc.

{'3) Radio Subsystem

The CC&S provides to the radio subsystem switch-

ing functions such as switch maneuver antenna, switch beacon transmitter

off, etc.

{4) Power Subsystem

The CC&S controls the distribution of power to the

various subsystems and controls the charging of the spacecraft battery via

switching functions.

{5) Attitude Control Subsystem

The CC&S controls: (a) all attitude maneuvers of

the spacecraft, (b) positioning of the scan platform, (c) updating of the

motor gimbaI angles, and (d) pointing of the high gain antenna drive mechan-

ism. The CChS provides various control functions for the attitude control

subsystem, such as, gyro and autopilot power switching.
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(6) Pyro Subsystem

The CC&S acts as a backup to the L/V-S/C

Separation Initialed Timer for the firing of squibs during the separation phase

of the launch. The CC&S also controls the burning of the rocket motor during

midcourse and orbit insertion maneuvers. In addition to the above, the CC&S

provides switching functions to deploy solar panels, pressurize the system,

open propellant lines, etc.

(7) Science Subsystems

The CC&S provides power switching for the

various scientific instruments.

b. CC&S- Lander

Since the CC&S will handle almost all of the communi-

cation Oetween the orOiter and the lander, the CC&S will be equipped with a

transfer buffer (including a parity generator} and a number of status flag flip-

flops. The buffer and control flip-flops provide data and control links to and

from the CChS and lander computer and sequencer. All quantitative data or

updated data for the lander computer will be handled by the CC&S.
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k

HI FLIGHT TELEMETRY SUBSYSTEM

The flight telemetry subsystem (FTS) is responsible for performing

the conditioning, encoding, multiplexing, and subcarrier modulation of engi-

neering data and the subcarrier modulation and block coding of scientific data.

A block diagram of the FTS is given in Figure 8H-I. The engineering

measurements are commutated in ten decks sampled at four rates. One deck

consists of ten 7-bit words. A whole data frame (at least one sample of

every measurement) requires 14 rain at 33 1/3 bps or 56 rain at 8 1/3 bps.

Frame synchronization and subcommutationindexing are provided by words in

the highest speed deck. The engineering data biphase-modulates a 24-KHz

subcarrier.

Low rate science data at 133 1/3 bps is in the form of a serial bit stream

from the SDS and is modulated on to a 34.286-KHz subcarrier in the FTS.

The third telemetry channel is high rate science data from the data

storage subsystem. This is 16.2, 8. 1, 4, 2 or 1 Kbps data which is block

coded with a (32, 6) comma free code and modulated on a 259.2-KHz subcarrier

in the FTS.

The spacecraft engineering channel operates continuously during the

entire mission. Either the low or high rate science is turned on during various

portions of the mission. Capsule data at 1348 bps during pre-separation check

out, separation, and entry will be conditioned and replace the low-rate science

channel on the 34.286°KHz subcarrier. Capsule low-rate engineering data

(1050 bph) will be subcommutated as one 7-bit word on the high-rate deck of

the engineering commutator. The high rate deck is read out every 4.2 seconds

at 33 1/3 bps or every 16.8 seconds at 8 1/3 bps.

FTS Parameters:

Weight

Powe r

Bit Rates

= 26 lbs

= 15 watts

= 33 1/3 bps, 8 1/3 bps Engineering

= 133 bps Low Rate Science

= 16.2 Kbps, 8. 1 Kbps, 4.05 Kbps,

2. 025 Kbps, 1.0125 Kbps Block Coded Science
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Subcarrier = 24 KHz Engineering

34. 286 KHz Low Rate Science

259. Z KHz Block Coded Science
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I. FLIGHT CONTROL SUBSYSTEM

1. Introduction

The flight control subsystem consists of the attitude control,

thrust vector control, and antenna pointing control subsystem.

During all phases of the mission, except during motor burns,

three-axis control of the spacecraft attitude is provided by the attitude control

system. This control system is made up of the reaction control system (cold

N 2 gas system), gyros, celestial sensors, and associated electronics and

logic. This control system performs the following functions:

I)

2)

3)

4)

5)

6)

Removal of initial spacecraft tumbling rates which occur

at launch vehicle/spacecraft separation.

Acquisition of celestial references with capability for

automatic reacquisitions as required.

Maintenance of stable limit cycle behavior during periods

of transit and orbital cruise.

Provide inertial hold capability for commanded turns and

Sun occultations.

Provide 3rd axis (roll} control during the motor burn phase

of spacecraft maneuvers.

Removal of spacecraft tumbling rates imparted at capsule

separation.

During the motor burn phase of the midcourse, orbit insertion and

orbit trim maneuvers, attitude control is provided by the thrust vector control

system (autopilot) and the roll channel of the attitude control system. This

control system points the engine thrust vector through the spacecraft center of

mass and maintains pitch and yaw attitude stability. The roll channel of the

attitude control system is required for roll stability.

During the late transit phase and during the orbital phase, the

high gain antenna pointing direction is controlled by the antenna pointing control

system. This control system, using CC_S commands and Earth-based updates,

maintains the antenna pointing direction towards Earth.
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The following is a subsection description of the Viking Mars 1973

baseline flight control subsystem:

1)

z)

3)

4)

Functional Description--Describes the operation of the

flight control system during each phase of the mission.

The differences from the MM71 flight control subsystem

are noted.

Mechanization Description--Lists the hardware that con-

stitutes the flight control subsystem. An explanation of the

function of each component is provided along with the

required modification to the MM71 flight control subsystem.

Guidance and Control Analyses--Provides a discussion of

the reaction control gas system sizing analysis, the thrust

vector control system analysis and the guidance accuracy

error analysis.

Weight and Power Summary--Describes the weight and

power requirements of the flight control subsystem.

Additional Considerations--Provides a discussion of the

different propulsion, thrust vector control and reaction

control system configurations that were examined during

the study. In addition, problems and areas requiring

further study are listed.

2. Functional Description

The following functional description presents a discussion of the

operation and performance of the various elements of the flight control sub-

system during each phase of the mission.

a. Prelaunch

three items:

The prelaunch operations are limited to the following

l) All system logic is reset at spacecraft power

application.
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2)

3)

b. Launch

Canopus cone angle is selected.

Gyro heading data is recorded and evaluated.

During the launch phase the gyros are on and caged in the

rate mode. The accelerometer is on and electrically captured. The pitch and

yaw gimbal servos are on and in a closed loop configuration. The Canopus

sensor power is off, but the Sun shutter power is on due to the lack of a Sun

gate signal. The attitude control system is inhibited since there is no power

to the switching amplifier preamplifiers.

c. Sun Acquisition

At separation the control system is automatically set into

the Sun acquisition mode. All logic resets to the Sun acquisition mode to

safeguard against inadvertent changes in the logic element states which can

result from the launch environment. At the completion of Sun acquisition, the

Sun gate issues a signal which places the System in the Canopus acquisition

mode. Canopus acquisition however is not initiated until either a CC&S command

is issued or a direct command is received by the spacecraft.

d. Canopus Acquisition

Upon receipt of either a CC&S or direct command, the

Canopus sensor power is turned on and the roll search generator is enabled.

This command causes the Canopus sensor to perform a "fly-back and sweep"

operation prior to enabling of the roll search generator. This operation in-

sures acquisition of Canopus if it is in the Canopus sensor field of view at the

time of power turn-on. The roll search inhibit circuit is also enabled to safe-

guard against spacecraft "spin-up" in the event of a failure in the Canopus

sensor (saturated output) or the roll gyro. At the conclusion of a normal

acquisition, the Canopus acquisition signal turns the gyros off (after a

180-sec delay) and places the system in a cruise mode of operation. In the

event that there is an anomaly in the Canopus sensor intensity logic which

prevents acquisition of any star, a direct command has been mechanized to
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switch the switching amplifier input to the Canopus sensor and disable the

intensity gate logic. This will enable the system to acquire any star within

the Canopus sensor sensitivity threshold.

e. Transit Cruise

During the cruise mode the spacecraft is controlled by

celestial references (Sun and Canopus). The gyros are off and the gas jet

reaction control system is controlled by the derived rate switching amplifiers.

The spacecraft roll axis will be aligned with the Sun within ±0.25 degrees and

the Canopus sensor boresight axis will be aligned with Canopus within +0.25

degrees.

f. Midcourse Maneuver

The midcourse maneuver sequence is different from the

MM71 and previous Mariner spacecraft. The two primary differences are:

1)

z)

Three commanded turns may be necessary in

order to guarantee that the maneuver antenna

is in the correct position to communicate with Earth.

The order of commanded turns will be roll, pitch, roll.

Sun and Canopus reacquisition after motor burn will

be accomplished by unwinding the commanded turns.

Two options are available for unwinding the commanded

turns. The first is to repeat the turns in reverse order

and polarity. The second method unwinds the turns

using a two-turn roll-pitch sequence. This method

provides faster reacquisition of the references but

requires the transmission of two additional quantita-

tive commands from the ground. Unwinding of turns is

in contrast to Mariner Sl_acecraft, which allow auto-

matic Sun reacquisition using the primary and second-

ary Sun sensors and Canopus reacquisition by initiating

a roll search until Canopus falls into the field of view.
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The sequence of events for midcourse _xaneuver is as

follows. The inertial reference unit (gyros and accch.'vometer) is commanded

on by CC_S at the start of the maneuver. The gyros are i_ the rate mode and

are turned on for a 68-minute warm up prior to the col_amallded turns. The

spacecraft remains on celestial references during this period. Shortly after

the gyros are turned on, the CC&S will transfer the motor gimbal angles to the

pitch and yaw pre-aim circuits (pre-aim capability may be required if CG

migration is severe) which include digital-to-analog converters in the auto-

pilot electronics. This is necessary in order to point the motor thrust vector

close to the spacecraft center of gravity. Telemetry of the _otor gimbal posi-

tion will verify that the gimbals have moved to the correct position. The next

event after the 68 tz_inute gyro warm-up and motor gir_lbal pre-aim is the start

of the roll turn. At this time the roll gyro is commanded to inertial hold, the

turn polarity is commanded and the commanded turn gez_erator in the inertial

reference unit is enabled. The pitch and yaw gyros remain in rate mode and

the spacecraft roll axis remains Sun oriented under control of the Sun sensors.

After the roll turn is completed the pitch and yaw gyros are commanded to the

inertial mode and the pitch turn magnitude and polarity are commanded by the

CC&S. The Sun sensors are turned off and the spacecraft attitude is controlled

by the gyros in the inertial mode. At the end of the pitch turn, a second roll

turn may be necessary in order to orient the maneuver antenna.

The next event is motor burn. At the start of motor burn

(if path guidance is used), the pitch and yaw path guidance amplifiers are

switched into the autopilot preamplifier feedback loops, the roll gas jet dead-

band is opened up, and the pitch and yaw switching amplifiers are disabled in

order to conserve nitrogen gas during motor burn. During the motor burn, roll

control is maintained by the roll gas jets. The length of the motor burn is

controlled by a counter in the CC&S which counts pulses from the unidirectional

accelerometer in the inertial reference unit. The scale factor of the acceler-

ometer is 0.03 meters/sec/pulse. At the end of motor burn the autopilot gimbal

servo drive electronics and the path guidance amplifiers are disabled.

In order to reacquire the Sun and Canopus, CC&S commands

the spacecraft to unwind the turns. After the turns are completed the space-

craft will be Sun and Canopus oriented. The CC&S then releases the gyros from

the inertial mode and places the attitude control system back into the acquisition

mode. The Canopus tracker is turned on and the autopilot electronics are
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turned off. The attitude control system then acquires the Sun and Canopus

and then returns to the cruise configuration. If a second midcourse maneuver

is required, the above sequence of events is repeated in the same manner.

g. Orbit Insertion Maneuver

The orbit insertion maneuver will be per formed in an

identical sequential manner to the midcourse maneuver described in detail

above. A simplified sequence of events is listed below.

1)

z)

3)

4)

5)

6)

7)

8)

9)

io)

Turn on inertial reference unit for gyro warm-up.

Transfer the motor gimbal angles from CC&S to the

autopilot pre-aim circuitry (if pre-aim is required).

Perform a roll turn.

Perform a pitch turn.

Perform a second roll turn in order to orient t he

maneuver antenna toward the Earth.

Initiate motor burn.

Terminate motor burn.

Unwind roll turn.

Unwind pitch turn.

Unwind roll turn

The spacecraft is now Sun and Canopus oriented.

h. Post Orbit Insertion/Pre-capsule Separation

After orbit insertion, the spacecraft is in orbit for approxi-

mately ten days before the capsule separation phase is initiated. A discussion

of the operations during this phase are given below.

(I) Cruise

After completion of the orbit insertion burn and

unwinding of the commanded turns, the spacecraft is Sun and Canopus oriented

and operating in the cruise mode. Cruise mode operation during this phase is
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identical to the transit cruise operations discussed previously.

(2) Stray Light Operations

During orbit, if the lighted limb of the planet appears

within the field of view of the stray light sensor (corresponding to the Canopus

tracker interference region) the roll gyro is automatically placed in the rate

mode. Three minutes later the roll gyro is automatically commanded to

inertial hold. At this time the Canopus error signal from the Canopus sensor

is disabled and the spacecraft roll axis is controlled instead by the roll gyro.

As long as the stray light condition exists the roll axis remains inertially con-

trolled. At the end of the stray light condition, the Canopus sensor error sig-

nal is enabled and the roll gyro is switched to the rate mode. Three minutes

after the loss of the stray light signal, the roll gyro is turned off and the space-

craft is returned to the normal _'orbit cruise _' mode.

(3) Commanded Turns

During the ten day period between orbit insertion and

capsule release, several sets of commanded turns will be required for orbit

trim maneuvers, science orientation, bioshield cap jettison, and capsule

orientation. These commanded turns, including their unwinding, are performed

in the manner previously described for the midcourse maneuver. The gyros

are commanded on for a 68 minute warm-up. The roll gyro is then set to the

inertial mode and the roll turn is performed. The pitch and yaw gyros are then

commanded to inertial mode and the pitch turn is performed. After the correct

spacecraft attitude is reached and the purpose for performing the turns has been

accomplished, the attitude control system unwinds the turns. Celestial refer-

ences are then reestablished by the reacquisition of the Sun and Canopus and

the spacecraft returns to the cruise mode.

(4) Orbit Trims

One or more orbit trim maneuvers will be required

for orbital corrections in preparation for capsule release. These trim maneu-

vers will typically require very small AV corrections and therefore very small
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motor burn durations. Thrust vector and attitude control during the orbit trim

maneuvers is accomplished in the manner described previously for the mid-

course maneuver. Depending on the CG shifts that may have occurred during

the orbit insertion burn, gimbal pre-aiming may be required.

i. Capsule Separation Phase

The attitude control system has four major functions to

perform during the capsule separation phase of the Viking mission:

l)

z)

31

4)

Perform spacecraft turn for bioshield cap ?

jettison.

Perform spacecraft turns for capsule release.

Remove spacecraft rates imparted at capsule

and bioshield cap separation.

Remove spacecraft rates imparted at bioshield

base jettison.

The operations for the commanded turns are described in

2. h.(3) above. The third function listed above is particularly important. At

capsule release, the attitude control system is in inertial hold. Immediately

after capsule separation, the attitude control system must remove any imparted

spacecraft rates before excessive position errors result which might saturate

the gyro integrators. This requirement places a constraint on the capsule

release mechanism in terms of allowed spacecraft tip-off rates. For example,

if the maximum allowable position error offset about each of the spacecraft

axes is 5 degrees, then the spacecraft tip-off rates cannot exceed 1 deg/sec.

about pitch and yaw, and 0. 1 deg/sec about roll axis.

j. Orbit Cruise

After completion of the capsule separation phase, the

spacecraft remains in orbit for at least an additional 90 days. During this

orbit phase the attitude control system is in the same configuration and operates

in the same manner as it is during the transit cruise phase.
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k. Sun Occultations

Depending on which orbit is selected, the spacecraft will

begin to enter Sun occultation, once each orbit, as soon as 50 days and as late

as 87 days after orbit insertion. The Sun occultation periods will vary from a

few minutes initially and increase to approximately two hours by the end of the

mission. To accommodate this condition, the Viking spacecraft will fly a

newly designed electro-optical device to sense impending Sun occultations.

This device, a Sun occultation sensor, along with the Sun gate will provide the

switching necessary to maintain spacecraft attitude reference during Sun

occultations.

The sequence is as follows: The lighted limb of the planet,

falling in the field of view of the Sun occultation sensor, will cause a signal to

be sent to the attitude control electronics to turn on the gyros. The gyros will

remain on and in the rate mode until the spacecraft begins to disappear behind

the planet as viewed from the Sun. As the Sun's intensity diminishes at the

beginning of occultation,the Sun gate changes state and sends a signal to the

attitude control electronics to place the spacecraft in inertial hold. At this

time the Sun sensor and Canopus sensor error signals are disabled and the

spacecraft attitude is controlled by the gyros. This mode continues throughout

the Sun occultation period. At the end of Sun occultation, the Sun gate will

change state commanding the gyros to the rate mode and simultaneously

enabling the Sun sensor and Canopus sensor error signals. The spacecraft is

again under celestial control (Sun and Canopus) and,after a three minute delay,

the gyros are automatically commanded off and the spacecraft returns to the

normal "orbit cruise _' mode.

I. Orbit Trim Manuevers

Orbit trim maneuvers during this phase of the mission are

conducted periodically to correct and adjust the orbit. They will consist of a

roll-pitch-roll commanded turn sequence, a short motor burn, and unwinding

of the commanded turns. The operations during this phase are identical to the

midcourse maneuvers during the transit phase.
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,

following:

Mechanization Description

The flight control subsystem mechanization consists of the

l)

z)

3)

4)

5)

6)

Attitude control electronics and logic.

Reaction control system (cold N 2 gas system).

Celestial sensors (Canopus tracker, Sun sensors, Sun

gate, stray light sensor, and Sun occultation sensor).

Inertial reference unit (gyro and accelerometer

assembly).

Thrust vector control system (autopilot).

Antenna pointing control system.

Figure 8I-I.

A block diagram of the flight control subsystem is shown in

a° Attitude Control Electronics and Logic

The attitude control electronics consists of the following:

1)

z)

3)

4)

5)

6)

Analog switching amplifiers (3-axes)to control

the nitrogen gas solenoid valves.

Sun gate electronics.

Canopus gate electronics.

Stray light sensor electronics.

Gyro time delay.

Logic circuits for mode switching.

The attitude control electronics will be essentially the same

design as for MM71. Some additional logic circuits will be necessary to

mechanize the Sun occultation mode.

A Sun occultation sensor, Sun gate, and the CC&S will pro-

vide signal inputs to the new logic electronics. In addition, an extended tinae
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delay circuit will be needed to keep the gyros on during the period between the

occurrence of the Sun occultation sensor signal and the actual Sun occultation.

b. Reaction Control System

The reaction control system (A/C gas system) consists of

the following components:

I)

2)

3)

4)

5)

High pressure gas tanks (2)

Pressure regulators, 15 psia. (2)

Nitrogen pressure transducers (2)

High pressure and low pressure gas

distribution system

Pitch, yaw, and roll valve manifolds

and valves

The reaction control system is a dual redundant gas system

of the type that has been used on Mariner f64, Mariner %7, Mariner %9 and is

proposed for Mariner '71. Control torques about each axis are provided by

valve couples, thereby eliminating cross coupling between axes. A diagram

showing the location of valves is given in Figure 8I-2. By virtue of its dual

redundant nature, it can automatically compensate for a valve failure (no

ground command is required). The initial gas storage weight for this type of

system is determined from the half-gas-system consumption for the mission.

Half-gas-system operation occurs if one valve sticks open. Under these condi-

tions, two-thirds of the stored gas is lost, leaving one-third to complete the

mission. Therefore, the initial gas storage weight is set at three times the

half-gas-system requirement. An increase in the reaction control system

weight, from previous Mariner spacecraft, will be necessary for the Viking

spacecraft. This is due to increased gas consumption. The increase is due to

the larger vehicle inertias, requiring higher jet thrust levels, and the larger

number of discrete events such as commanded turns. The gas storage require-

ment, and how it is determined, is discussed further in subsection 4. a. below.
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c. Celestial Sensors

the following:

The celestial sensors on the Viking spacecraft consist of

I)

2)

3)

4)

5)

6)

Canopus tracker and Sun shutter assembly

Primary Sun sensors

Secondary Sun sensors

Sun gate assembly

Stray light sensor

Sun occultation sensor

(I) Canopus Tracker

The Canopus tracker will be similar to that used on

the Mariner '71 mission. No special problems concerning the use of the

Mariner '71 Canopus tracker are foreseen because of stray light or Canopus

occultation. The proposed orbital geometry for the Viking mission will produce

less severe stray light conditions than the Mariner '71 mission because of its

lower orbital inclination.

The field of view of the Canopus tracker is overlapped

by the field of view of the stray light sensor. If the lighted limb of the planet

appears within the stray light field of view, the stray light sensor produces a

signal which places the roll channel in inertial hold until the stray light condi-

tion has ended. This condition is displayed in Figure 81-3 for the planet coordina-

tion system shown in Figure 8I-4.

(Z) Primary Sun Sensors

A single primary Sun sensor assembly will be used

similar to the assembly to be used on MM71. The modular assembly will cou-

tain both the cruise sensors and tile acquisition sensors for the pitch and yaw

axes.
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(3) Secondary Sun Sensors

Four secondary Sun sensors may be relocated from

the bus structure to the solar panels. In order to achieve an unobstructed field

of view, it may be necessary to repackage the secondary sensors into two

assemblies located on opposite solar panels.

(4) Sun Gate

The Sun gate is equivalent to the unit on MM71 and will

be mounted near the primary sensor assembly. Minor mechanical changes are

expected to accommodate its relocation.

(5) Stray Light Sensor

The stray light sensor is an electro-optical device

that has the same bore-sight axis as the Canopus sensor. Its field of view is

larger than the field of view of the Canopus sensor. Its purpose is to sense

the presence of stray light in the vicinity of the Canopus tracker. Stray light

may cause the Canopus tracker to exhibit an error offset thereby producing a

pointing error in the direction of Canopus. The Mariner 171 stray light sensor

is planned for use on the Viking mission without modification.

(6) Sun Occultation Sensor

The Sun occultation sensor for the Viking mission will

be a newly designed electro-optical device. At present two designs are being

considered by the Celestial Sensors Design Group. The first is a slit sensor

using the design technique of the Mariner 169 narrow-angle Mars gate, and the

second is a conical sensor using the design technique of the Mariner 171 stray

light sensor.

A brief description of the two designs is given below.
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(a) Slit Sensor

This sensor contains a fan shaped slit oriented

in the pitch-yaw plane of the spacecraft. Its function is to sense the lighted

limb of the planet and generate a signal when the planet passes through the

sensor slit and approaches the Sun. This signal turns on the gyros for the

necessary gyrowarm-up. Since the slit sensor has a narrow field of view in

the orbital plane, the planet will be in view for only a short time period. This

requires that an electronic memory must be included in the attitude control

electronics to keep the gyros on during the period between slit sensor actuation

and Sun occultation. The Sun gate can be used as a switching device to sense

actual Sun occultation and to command the gyros to inertial control. The CC&S

will be used to enable the Sun occultation mode.

(b) Conical Sensor

This sensor will have a conical field of view and

point along the Sun line. The center of the conical view area which points at the

Sun will be masked off. Also, the portion of conical view area that is not useful

in determining impending Sun occultation will be masked off. The sensor will

observe the lighted limb of the planet when the limb is within approximately ] 5

degrees of the Sun direction. This will initiate gyro turn-on. The continued

presence of the Sun within the sensitive area of the conical sensor will keep

the gyros on. As Sun occultation nears, the lighted limb of the planet becomes

smaller and eventually disappears from the field of view of the conical sensor

prior to the occultation. This requires a short electronic time delay in order

to keep the gyro power on until actual Sun occultation occurs. As in the pre-

vious sensor design, the CC&S will enable the Sun occultation ,node and the Sun

gate will command the gyros to inertial hold.

d. Inertial Reference lJnit

The inertial reference unit co_,sisls ,)f l\vo subassemblies:

the inertial sensor 6ubassembly and the inertial sensor el,.clronic subassembly.

The major colnponents of these two subassemblies are listed below:
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I)

z)

3)

4)

5)

6)

7)

a)

Pitch, yaw and roll gyros

Pitch, yaw and roll gyro electronics

Pitch, yaw and roll electronic integrators

Precision reference voltage supplies for

the comrrmnded turn generator, electronic

integrators, accelerometer comparator, and

accelerometer torque switch.

Mode switching and logic electronics

Roll incremental angle control electronics

Accelerometer

Accelerometer electronics

Figure 8I-5 shows a simplified block diagram of the inertial

reference unit. This inertial reference unit is identical to the MM71 unit and

can be used for the Viking mission without modification.

e. Thrust Vector Control System

Two basic options exist for mechanizing the thrust vector

control system or autopilot. The choice of which mechanization to use will

depend on the final determination of the predominant sources of thrust vector

pointing error. The two basic mechanization options are listed below. Neither

mechanization will require any major changes to the MMT1 autopilot.

(1) Autopilot Using Path Guidance and Pre-aim

If the major source of pointing error is due to CG

shifts and migration (x-y plane), then a path guidance autopilot_ using pre-aim

will provide the most accurate mechanimation. Figure 8I-6 shows a single axis

block diagram of this autopilot. The function of the path guidance circuit is to

provide automatic compensation for CG offset errors and migration. This can

be particularly critical for the long insertion burn. The function of the pre-aim

circuitry is to bias the gimbal servo null point approximately through the CG

prior to motor ignition. This eliminates large gimbal motion transients at

motor ignition. In addition, the pre-aim reduces motor thrust vector to CG

misalignments that could cause pointing errors during the short orbit trim burns.
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Operation of this autopilot option is discussed further in subsection 4. b. The

autopilot electronics for this option consists of the following:

1)

2)

3)

4)

s)

6)

Pitch and yaw pre-amps

Pitch and yaw path guidance amplifiers

Motor gimbal pre-aim circuitry

Pulse width modulated gimbal servo amplifier

Linear variable differential transformer (LVDT)

6.0 KHz regulated power supply

(2) High Gain Autopilot _lag-lead compensation)

A characteristic of the previous autopilot option is

low DC gain. An inherent disadvantage of this is poor transient response. If

CG offsets and migration are not the major source of pointing error, then this

type of autopilot does not present any advantage over a conventional autopilot

that does not utilize a path guidance loop. Sources of error, other than CG

offsets, are the autopilot steady state error and engine misalignment errors.

If these errors predominate, then an autopilot with high DC gain will provide

the most accurate pointing. The basic autopilot and its electronics are identi-

cal to the previous option except that the path guidance loop is eliminated

and amplifier circuitry is included for high gain compensation.

This compensation scheme allows the autopilot loop gain to be set as high as

30 db and still have adequate stability margins. Pointing error for this mechani-

zation is now strictly dependent on the magnitude of the CG offsets. Operation

and performance of this mechanization are discussed further in subsection 4. b.

f. Antenna Pointing Control System

An antenna pointing control system will be required for

orienting the high gain antenna from 30 to 40 days prior to orbit insertion

through the remainder of the mission.

Analysis indicates that adequate pointing can be achieved

using an appropriately oriented single degree-of-freedom antenna control

system. A second degree-of-freedom is provided which deploys the antenna
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in a single step. The optimum location on the spacecraft for the single

degree-of-freedom hinge axis and orientation of the antenna with respect to

the hinge axis was determined through computer aided analysis. The optimi-

zation was performed over the period which begins at orbit insertion of tra-

jectory "A" and extends to the end of the I00 day nominal mission of trajectory

"B '_. The results of this analysis indicate that the optimum location of the

hinge axis with respect to the spacecraft is

clock angle (0) = 317. 15 degrees, and

cone angle (_) = 30. 0 degrees.

The optimum antenna angle ( ¢ ) is defined as the angle between the hinge axis

and the antenna look direction and was found to be

antenna angle (_) = 25, 83 degrees.

A second computer analysis was performed using the

optimized angles. This analysis determined the best line segment fit to the

hinge rotation angles that are required to track the Earth. The line segments

were fitted from approximately 40 days prior to orbit insertion to somewhat

beyond the nominal mission lifetime for each trajectory.

Figure 81-7 and 81-8 display the Earth position and antenna

pointing position for trajectories A and B respectively. The difference between

the two positions is due to two factors:

I)

z)

The antenna has only a single degree-of-freedom.

The hinge and antenna angles have been optimized

for the orbital phase and therefore have somewhat

greater error prior to orbit insertion than necessary.

This optimization period was specifically selected to ignore the pre-orbit

insertion period since the range to Earth is relatively short at this time. This

error in pointing is more than offset by the higher performance due to the

short range.

The high gain antenna selected for the Viking Orbiter has a

half beam width of 1.7 degrees at the l-db point and 3 degrees at the 3-db point.

The analysis indicated that two line segments provide an adequate fit for this

antenna and for both trajectories.
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Figures 8I-9 and 81-10 illustrate the results of this for

trajectories A and B respectively. Three curves are displayed on each plot.

The first curve illustrates the geometric error due to single degree-of-freedom

tracking and the selection of hinge and the selection of hinge and antenna angles.

The second curve illustrates the effect of adding the line segment approxima-

tion errors. The third curve includes the effect of alignment, deadband and

other spacecraft errors.

Several mechanization approaches are under consideration

for the antenna pointing subsystem. The first approach utilizes a reference

register, encoder or potentiometer that is stepped by CC&S or the FCS command. A

closed loop stepper motor would be provided to drive the antenna. The second

approach would utilize an open loop drive system again stepped by CC&S or

command. The selection of the approach will depend primarily on relative

complexity, accuracy and initial update considerations.

Hegardless of the mechanization approach it appears that

a daily "cyclic update 'r from CC&S will provide satisfactory accuracy. The

update will be in the form of apulse train. Two different length pulse trains,

corresponding to the two line segments, are required. For the two trajectory

cases considered, the slopes varied from about .25 degrees/day to 0.4 degrees/day.

4. Guidance and Control Analyses

a. Reaction Control System Analysis

An analysis of the reaction control system, and its gas

storage requirements for the Viking mission, was made to determine the

required gas storage and the overall RCS subsystem weight. To facilitate

this analysis, and the many iterations that were necessary, a digital computer

program was written for the IBM 7094 computer. The features of this program

are listed below.

1) Computes gas consumption for separation rate

removal, acquisitions, searches, overrides,

commanded turns (including unwinding), and roll

axis gas consumption during motor burnu.
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z)

3)

4)

5)

6)

7)

Computes limit cycle gas consumption, both ideal

and when under the influence of disturbance torques

(solar, gravity gradient, etc.).

Computes gas consumption per day throughout mission.

Computes gas consumption for each phase of the

mission.

Provides for variation in moments of inertia and

attitude control gas system parameters.

Provides for simulation of failure modes such as a

valve-open-failure (half system failure).

Computes total gas consumption during mission.

Through the use of this computer program, the gas con-

sumption and gas system weights shown in Table 8I-1 were determined. The

gas storage weights are based on the following conditions during the mission:

I)

z)

3)

4)

5)

6)

7)

S)

9)

_o)

]i)

Initial separation rate removal - 3 deg/sec (each axis)

Capsule separation rate removal - 1 deg/sec, pitch and

yaw, 0. l deg/sec, roll

6 roll searches

Z0 roll overrides

6 acquisitions (Sun and Canopus)

Z sets of roll-pitch-roll commanded turns for

midcourse maneuvers (including unwinds).

Total motor burn duration for all maneuvers = 45 rain.

I set of roll-pitch-roll commanded turns for orbit

insertion with unwinds after completion of burn.

Roll-pitch-roll commanded turns (including unwinds)

after orbit insertion and before capsule release:

a) 1 set of turns for an orbit trim

b) 8 sets of turns for science orientation

c) 1 set of turns for bioshield cap release

I set of roll-pitch-roll commanded turns for capsule

orientation with unwinds after capsule release

4 sets of roll-pitch-roll commanded turns with unwinds

for orbit trims after capsule release
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lZ)

13)

14)

15)

Transit cruise period - 220 days

Orbital cruise period - 100 days

Continuous disturbance torque: pitch and

yaw - 50 dyne cm, and roll - I0 dyne cm.

Gas system leakage rate - 30 cc/hr/half system

The gas storage requirements are summarized in Table 8I-I.

The large increase in gas storage weight over that required for previous

Mariner spacecraft (5.2 lb) is due to the much larger vehicle inertias and

increased number of discrete events. The vehicle inertias for the Viking

spacecraft and their changes during the mission are given in Table 8I-Z. The

vehicle inertias prior to capsule separation are over an order of magnitude

greater than the inertias of any previous Mariner spacecraft. For a fixed jet

thrust level, the limit cycle gas consumption increases as the vehicle inertias

decrease. In addition, more gas is required for performing the large number

of discrete events. In particular, the total number of commanded turns is

greatly increased. Gas consumption just for turns is 2. 026 lbs and is the

greatest contributor of all the sources of gas consumption.

The selection of the proper gas jet thrust level is based on

a trade-off between the following:

I)

z)

3)

Limit cycle behavior

Vehicle response with regard to rate removal,

commanded turns, and acquisition of celestial

references

Removal of vehicle rates imparted at capsule

separation. This is particularly impqrtant because

the spacecraft attitude control system is in inertial

hold at capsule separation. If the vehicle rates are

greater than approximately 1 deg/sec about pitch and

yaw and 0. 1 deg/sec about roll, excessively large atti-

tude errors will occur. In addition, saturation of the

gyro electronic integrators, which derive position

error information, can occur.
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Suitable values for the jet thrust levels are

pitch and yaw jets - . 07 Ibs, and

roll jets - . 014 Ibs.

These thrust levels represent typical values and are a compromise between

the above three constraints.

b. Thrust Vector Control System Analysis

The autopilot or thrust vector control system provides

attitude controlduring engine burns for the midcourse maneuvers, orbit

insertion maneuver, and orbit trims. This is accomplished by mounting the

engine in a gimbal system as shown in Figure 81-11. The engine is the long burn

duration Rocketdyne RS-?101, 300 Ibf, liquid bi-propellant engine. The engine

and gimbal system are located on the z (roll) axis with the engine pointing in

the -z direction. The gimbal control system positions the engine through the

use of two linear actuators aligned with the pitch and yaw directions. This

engine rotation capability allows the autopilot system to point the thrust vector

through the spacecraft center of mass. With only this system, control cannot

be effected about the z axis and, since swirl in the exhaust gases produces

some torque, additional control must be provided for roll stability. This is

accomplished using the cold gas roll attitude control channel.

As previously described in section 3. e., two basic autopilot

mechanizations can be easily realized from the MMTI autopilot design. The

results of the analysis and computer simulation of these two options are dis-

cussed below.

( 1 ) Path Guidance Autopilot

If CG offset errors and migration are the most signifi-

cant source of pointing error, an autopilot using path guidance will provide the

most accurate thrust vector control.

A block diagram of this autopilot option is shown in

Figure 81-12. After completion of the commanded turns, which orient the

spacecraft so that the engine is in the proper inertial attitude for the velocity

change maneuver, a signal for motor ignition causes the motor burn switch

to make two changes in the autopilot and attitude control system: (1) the pitch
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and yaw gas systems are disabled to prevent wasting large amounts of cold gas

during the burn, and (2) the path guidance circuits are enabled. These circuits

provide compensation for CG alignment erros and migration during the burn.

The changes are completed simultaneously with motor ignition. At motor

ignition, the spacecraft is in the position shown in Figure 81-13. The commanded

turns have been performed so that, excluding turn errors, the spacecraft z axis

is aligned with the vector r, the inertial reference direction for the Z_V incre-

ment. The gimbal actuators are at nu11(or slightly off due to roll gas system

limit cycling) and the engine is aligned with the calculated position of the CG.

Due to errors in the CG determination, the calculated position does not coincide

with the actual CG location. Figure 81-14 shows the evolution of the thrust/CG

relationship during the burn. Here the first sketch, showing the conditions at

ignition, is exactly Figure 81-13_'iththe spacecraft outline removed for clarity.

This shows the thrust vector in the proper reference direction, but misaligned

with the CG. This produces a negative torque on the spacecraft. The second

sketch sho_vs the resulting transient. As the torque rotates the spacecraft in

the negative pitch direction, the pitch gyro senses the error, 0, between the

reference direction r and the z axis, producing a positive output voltage. This

voltage is filtered by the autopilot and used to drive the gimbal servo. The

engine is now rotated until the angle _ is sufficient to pass the thrust vector

through the CG. At this time the engine thrust vector is 8 ÷ _. Without path

guidance, the spacecraft would maintain this attitude during the entire burn.

However, the path guidance circuit senses the gimbal command voltage and

feeds it back to the autopilot input, through an appropriate filter, as shown in

Figure 81-12. This positive feedback causes the angle _ to increase very slowly

in magnitude. The result on the spacecraft is a positive torque which slews the

attitude as shown in the 3rd sketch in Figure 81-14. The gains in the path

guidance loop are set so that when the gyro error signal exactly cancels the

positive feedback, the attitude of the spacecraft is such that the thrust vector

is aligned with the desired reference vector r. Even though there is positive

feedback in the path guidance minor loop, overall stability of the autopilot is

not affected. Engine shut down occurs when a linear accelerometer indicates

that the required Z_V magnitude is reached. At this time the motor burn switch

disables the path guidance and enables the pitch and yaw gas systems. Attitude

control is now returned to the gas system.
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Figure 8I- l 3. Spacecraft Attitude at Motor Ignition
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(a) Path Guidance Autopilot Accuracy

When the spacecraft is at a steady state condi-

tion during the engine burn, the engine is aimed at the CG, and without path

guidance, makes anangle ¢)with the z axis as shown in Figure 81-15. Since

this angle is commanded by the autopilot, it is a known source of thrust vector

error. Path guidance corrects for this error by setting the steady state gain

between gyro input and gimbal angle equal to -1. For stability, the gimbal

must point the engine through the CG, and thus the attitude angle of the space-

craft must be the negative of the gimbalangle. In theory, then, the thrust

vector will be exactly in the inertial reference direction except for the mechani-

cal alignment errors of the engine. The mechanical alignment errors which

cannot be corrected for are, a T' the angular error between the actual thrust

and the engine geometric thrust axis, and aE, the engine angular alignment

error.

Referring to the autopilot loop in Figure 81-12,

it is seen that the path guidance feedback modifies the steady state gain. There

is an associated lag, Tp, which is used to prevent this feedback from degrading

the transient performance of the system. The feedback, Kp, is set by the

relation

and

Kp = I + K F

K F = K G K D K A

where E G = gyro position scale factor

K D = autopilot forward loop gain

K A = gimbal servo gain

The steady state error is

K F

where

O + Kpf) = _ = a + a E +
T d 1

d = lever arm
I

: CG offset

If Kp were exactly its nominal value, the steady state error would be

a : - a T - a Ess

However, due to thermal variations in K G and the gimbal servo linearity, and
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the inability to perfectly match the gains such that the steady state gain between

gyro input and gimbal angle is identically -I, an additional error is introduced.

The steady state thrust vector error can be approximated by

a : -aT -aE +__KF/X (
8

SS _)

K F d l

where AK F represents the aforementioned gain variations.

approximately 0. 1 in the worst case and . 06(3o').

K
F

is

(b) Computer Simulation

To verify the autopilot analyses and assess the

overall system performance, a six-degree-of-freedom computer simulation

program was written for the IBM 7094 computer. The salient features of this

program are listed in Table 81-3.

The basic autopilot system described previously

in this section is very similar to the MM71 system. The most significant

difference that the autopilot must be able to cope with, is the much larger

variation in spacecraft inertias and engine lever arm. The autopilot loop gain

is given by

KGKDKAT d I

KAp - I

Between the beginning of orbit insertion and the completion of capsule separa-

tion phase, the spacecraft pitch and yaw inertias undergo a 6.6 to 1 change

while the engine lever arm undergoes a 2.33 to 1 change as shown in Table 81-2 .

The net result is about a 3 to I change in autopilot loop gain. There are several

criteria for establishing the correct loop gain. with regard to the Viking

spacecraft, the most important criterion is establishing the gain such that a

low frequency instability will not result. The low frequency instability is a

secondary effect of path guidance on the system. The path guidance loop intro-

duces a lower gain limit into the system stability criteria. In addition to this,

normal autopilot operation will exhibit low frequency limit cycle behavior due

to the inherent stiction thresholds in the gimbal actuators. The magnitude of these

oscillations is determined by the threshold voltage necessary to overcome the
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Table 81- 3. AutopiIot Six Degree-of-Freedom Program

SaIient Features

SIX DEGREE-OF-FREEDOM DYNAMICS

CG OFFSET ERRORS

THRUST MISALIGNMENT ERRORS

TWO-AXIS ENGINE GIMBALLING

GYRO AND GIMBAL ACTUATOR DYNAMICS

COLD GAS ROLL CONTROL SYSTEM

GYRO DRIFT ERRORS

PATH GUIDANCE I4OOP INCLUDED

SOLAR PANEL STRUCTURAL DYNAMICS MODELED

THRUST AND VELOCITY VECTOR POINTING ERRORS CALCULATED
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gimbal stiction and the gimbal servo loop gains. The effect of path guidance is

to raise this limit cycle frequency so that the period is approximately equal to

Tp, the path guidance feedback time constant. Normally, this occurs without

a change in amplitude. If the autopilot loop gain is maintained above the criti-

cal lower gain, the overall effect in system behavior is negligible.

Using the autopilot simulation program described

above, the orbit insertion and midcourse maneuvers were simulated on the

digital computer. The autopilot response and spacecraft response to autopilot

control for the beginning of the orbit insertion burn and the midcourse maneuver

burns are shown in Figures 8I-lbthrough8I-Zl. Due to the large inertia and

lever arm change that occurs during the orbit insertion burn, the autopilot loop

gain was set for the conditions at the end of the burn subject to the constraint

that a low gain instability would not result at the beginning of the burn. The

orbit insertion burnwill nominally be 45 minutes duration. Due to computer

time limitations, the simulations were run long enough to reach steady state

behavior. Figures 81-16 through 81-18show spacecraft attitude during the initial

80 seconds of the orbit insertion burn. Engine ignition occurs at t = Z. 0 seconds.

The limit cycle behavior previously described is clearly shown. Its amplitude

is approximately +1.3 m rad. The initial negative going transient is due to

solar panel structural disturbances, and the CG offset. The positive going

transient and oscillations are caused by path guidance correction. The CG

offset was chosen in the pitch direction, thereby creating the largest disturb-

ance in the yaw axis. The roll position, shown in Figure 81-18 remains at one

side of the deadband. This is due to the roll gas system correcting for swirl

torque. The yaw CG offset error was set at -.25 inches. This corresponds to

an initial misalignrnent of .33 degrees. Figures 8I-l°and8I-_0show the engine

pitch and yaw gimbal positions during the burn. The limit cycle behavior

caused by the non-linear stiction or threshold effects is readily seen in these

figures. Figure 8I-2.1 shows the velocity vector error (deg) as a function of

impulse (lb-sec). This curve is of use in determining velocity vector error

as a function of /kV. The initial transient shown is due to the CG offset, solar

panel structural disturbance effects, and the inherent lag in the ginabal servo.

If path guidance were not present, the velocity vector error which is propor-

tional to the integral of thrust vector error, would remain at a value deter,a_ined

by the CG offset and lever arm, and autopilot steady state error. However,
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path guidance, in the manner described previously, reduces this error toward

zero. For a 45 minute orbit insertion burn, this error would decay to its

steady state value which is dependent on the mechanical alignment errors.

It should be noted that the transient response

shown in the previous autopilot characteristics is slow due to the low loop gain

condition at midcourse and the beginning of orbit insertion. The transient

behavior for orbit trims occurring after orbit insertion and before capsule

separation is considerably improved. This is because the loop gain has auto-

rustically increased due to the fuel depletion and resulting decrease in vehicle

inertias. Loop gain at the end of orbit insertion burn is 7 db and -1.8 db at the

beginning of the burn. However, if the loop gain is not changed at or before

capsule separation, the even lower vehicle inertias after capsule separation

willcreate an autopilot high gain instability. In the path guidance mechanization,

the forward gain KD, which sets the overall loop gain, and the path guidance

feedback gain K , which establishes the proper steady state behavior, must
P

be changed at capsule separation. This can easily be accomplished by a single

relay switch closure that is initiated at capsule separation. These gains are

changed such that the loop gain will remain at 7 db and the proper path guidance

relation is maintained.

(2) High Gain Autopilot

The second autopilot design option is based on realizing

through an appropriate compensation scheme, a high DC loop gain in order to

minimize the cortrol system steady state error. This design is favorable if

the CG migration is not severe, particularly during the long orbit insertion burn.

The basic autopilot is identical to the previous option

except thai the path guidance circuit will be removed, and the forward loop gain

amplifier will be modified to provide both the high loop gain and high gain com-

pensation. The pre-aim circuit discussed previously can also be used in this

option to minimize the initial CG misalignment transient and also the steady

state pointing error which is now only proportional to the CG offset error. A

block diagram of the autopilot is shown in Figure 81-22. The path guidance

circuit has been removed and the forward gain amplifier modified for the

appropriate compensation. The forward gain amplifier compensation is lag-lead.
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A linear analysis of the complete autopilot control system was made to deter-

mine the optimum values for 7 1 and r 2. The results are shown in Figures

8I-Z3throughSI-28. Figure 81-23shows a root locus diagram for the autopilot

loop without the lag-lead compensation. This diagram shows that instability

occurs for loop gains greater than 15. Z db. Figure 81-24 shows the root locus

for the compensated loop. Inspection of this figure and Figures 8I-2, Sand 8I-Z6,

which shows the bode gain and phase plots, indicates that the syst em is

conditionally stable. Instability occurs for gains lower than 5.0 (14 db) and gains

greater than 115.4(41.Z db). The loop gain is set at 17.8(Z5 db). The values of

r 1 and r Z are

¢I = .95Z (zero at s = -1.05)

vz = 20.0 (pole at s = -0.05)

Inspection of the bode diagrams show that the gain margins are 10 db on the

low gain side and 15 db on the high gain side. As in the previous option, K D

must be switched at capsule separation to maintain adequate stability rr_rgins.

To verify the linear analysis, the actual nonlinear autopilot control system,

including structural dynamics, was again simulated on the digital computer.

The results are shown in Figures 81-_7through 81-3Z for the midcourse and

beginning of the orbit insertion burns. Inspection of these figures show that

the autopilot and vehicle steady state behavior (except pointing error) is the

same as in the path guidance option. The initial transient behavior is due to

the gyro deadband initial conditions at ignition and an initial .25 inch CG offset.

(PTER) is given by

where

The total steady state thrust vector pointing error

PTER =
( aT + aE) i5 1 8

K F d I K F d I

8

d - .33 deg
1

K F =

_T =

E

8 =

d 1 =

gain between gyro input and gimbal angle

angular error between actual thrust and

engine geometric axis

engine angular alignment error

CG offset

engine lever arm
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For the high gain autopilot option, the forward gain N F is sufficiently large so

that the steady state pointing error is only dependent on the initial CG align-

ment error. The value of .33 degrees corresponds to a CG offset error of

.25 inch. For the initial midcourse, this error can certainly be held well

within this value. For later motor burns, the use of gimbal pre-aim will

insure the CG error does not exceed this value. This autopilot design, however,

is not favorable if CG migration during the orbit insertion burn is severe.

c. Flight Control Subsystem Accuracy Analysis

During the mission the flight control subsystem must have

the capability of performing midcourse, orbit insertion, lander orientation,

and orbit trim maneuvers. The following is a brief look at the overall accuracy

with which the flight control subsystem performs these maneuvers.

For the purposes of this analysis the first midcourse

maneuver was assumed to consist of a roll turn, pitch turn and engine ignition.

The expected, 3or value of the velocity vector pointing error (per axis} for this

maneuver is 20. 3 milliradians.

For a second midcourse maneuver it may be necessary to

perform a roll-pitch-roll commanded turn sequence (the second roll turn being

used_to point an antenna at the Earth). If this is the case, the expected 3 or

Value of the velocity vector pointing error (per axis) would be increased to

21.4 milliradians. During the midcourse maneuver the flight control subsystem

also measures the spacecraft acceleration and turns the engine off after the

appropriate velocity increment has been obtained. The expected 3n" value of

the shut-off error for the midcourse maneuver is 0.35%.

For the orbit insertion maneuver a roll-pitch-roll commard ed

turn sequence followed by ignition of the engine was assumed. The second roll

turn being used to point the maneuver antenna at the Earth. The expected 3 or

value of the velocity vector pointing error (per axis) for this maneuver is 21.6

milliradians. Accurate,accelerometer shut-off of the engine is more difficult

for this maneuver due to the center of mass motion during the burns. The

current estimate of the 3or value of the shut-off error is 0.5%.

The lander orientation maneuver consists of a roll-turn
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followed by a pitch turn. The purpose of this maneuw, r is to orient the lander

for the lander separation maneuver. The expected 3 cr value of the error (per

axis) in orienting the orbiter is 16 milliradians. This represents only part of

the velocity vector pointing error for the lander separation maneuver. Other

errors such as orbiter-lander alignment errors, lander thermal defor,nation

(after the bioshield is jettisoned), lander attitude control errors, and lander

thrust vector control errors must be combined with this pointing error to

obtain the total lander maneuver velocity vector pointing error.

The orbit trim maneuvers consist of a roll turn, pitch turn,

roll turn, and engine ignition. As in the case of the orbit insertion maneuver

the second roll turn is used to point the maneuver antenna at the Earth. Accurate

control of the maneuver velocity vector is more difficult for trim maneuver

because of the large center of mass motion during the orbit insertion maneuver

and the center of mass changes when the lander is released. The expected 3rr

value of the maneuver velocity vector pointing error (per axis) is 24 milli-

radians. The shut-off accuracy for the trim maneuvers is expected to be the

same as that for midcourse maneuvers (. 35a]0).

5. Weight and Power Summary

The flight control system weight and power requirements are

summarized in Tables 81-4 and 8I-5.

6. Additional Considerations

The different propulsion, thrust vector control and reaction con-

trol system configurations that were examined during the course of the study

are discussed below. In addition, problem and areas requiring further study

are listed.

a. Propulsion Configurations

The thrust vector control system provides thrust vector

control during firing of the engine(s). In a single engine configuration three

axis attitude control is accomplished by two axis gimballing of the engine with

3rd axis (roll) provided by the roll attitude control gas channel. This is identical
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Table 8I-4. Flight Control Subsystem Weight Summary

FLIGHT CONTROL SUBSYSTEM BREAKDOWN

N 2 Cold Gas

N 2 Tankage

Fixed Gas System Hardware

Gas System Subtotal

Attitude Control and Autopilot Electronics

Inertial Reference Unit (gyros, accelerometer,
and electronics)

Sun Sensors, Sun Gate

Canopus Tracker and Sun Shutter

Gimbal Actuators (2)

Antenna Control (1 degree of freedom)

Stray Light Sensor and Sun Occultation Sensor

Flight Control Subsystem Total

WEIGHTS (lbs)

14. 95

23. 91

23.5

62. 36

8.5

11.0

.81

9.2

5.4

10.0

5.0

112.27
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Table 8I-5. Flight Control Subsystem Power Profile (watts}

AC I AC 2 GYRO I GYRO 2 AC 3 ANTENNA

Launch 18 11 10 9 25 3

Cele stial 30 0 10 9 0 3

Acquisition

Cruise 9 0 0 0 0 3

Midcourse 28 11 10 9 25 3
Maneuver

Cruise 9 0 0 0 0 3

Orbit Insertion 28 11 10 9 25 3

Maneuver

Sun Occultation 9 0 10 9 0 3

Orbit Trim 28 11 10 9 25 3

Maneuver

Capsule Separation 9 0 10 9 0

Orbit Cruise 9 0 0 0 0 3

AC 1 = Attitude Control Power 2.4 KHz

AC Z = Autopilot Control 2.4 KHz

GYRO I = Gyro Power Z.4 KHz

GYRO 2 = Gyro Spin Motor Power 400 Hz 3_

AC 3 = Autopilot Control Power 28 VDC
ANTENNA = Antenna Control Power Z.4 KHz
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to the MM71 system. If, however, a three engine configuration is needed to

meet the AV requirement, a more complex autopilot system will be required.

Three axis control with a system employing three engines is accomplished by

two axis gimballing the center engine for pitch-yaw control and single axis

gimballing the outer two engines such that they provide a torque couple for roll

control. The three engine configuration introduces several additional problem

areas while aggravating many that are present with the single engine configura-

tion. The development of a computer program for analyzing the three engine

configuration is currently in progress and is near completion. The major dis-

advantages of the three engine configuration are listed below:

1)

a)

3)

4)

5)

6)

7)

8)

Increased sensitivity to CG offsets.

Increased dynamic range and faster response is required

from the gimbal actuators. MM71 actuators cannot be used,

thereby requiring a new actuator development.

Higher thrust level produces greater interaction between

the control system and vehicle structure.

Variations in thrust level between the three engines intro-

duces an additional disturbance.

Transient behavior is degraded from variation in start-up

and shut-off times.

Lower shut-off accuracy.

More difficult mechanical alignment.

Additional autopilot channel and actuators are required.

From a thrust vector control point of view, the single engine con-

figuration is definitely more favorable. However, one major problem in this

approach is the gravity turn loss which results from the long burn duration that

is required to meet the orbit insertion AV requirement. These losses can be

reduced by performing a pitch turn during the orbit insertion burn.

b. Gravity Loss Considerations

A brief study has been made of the effect of thrust level and

maneuver mechanization on the velocity magnitude required for the orbit inser-

tion maneuver. Several assumptions were made for this study. They are listed
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in 'Table 8I-6. Based on these assumptions finite burn maneuvers were co_n-

puted for different thrust levels and maneuver mechanizations.

The first mechanization considered was th_ fixed inertial

maneuver where the thrust vector is pointed in a fixed ira:Trial direction

during the entire burn. The upper curve in Figure 81-33 shows the resulting

maneuver magnitude required tot various thrust levels. The 300 lb thrust

level corresponds to a single Mariner '71 engine while the 900 lb thrust level

corresponds to three of these engines.

The second mechanization considered was an approximation of

the gravity turn maneuver called a pitch-over maneuver (see Figure 81-35)*

This maneuver consists of a roll-pitch-roll commanded turn sequence (the sec-

ond roll turn is used to orient the spacecraft pitch axis) followed by a com-

manded turn about the pitch axis during the thrusting portion of the maneuver.

The lower curve in Figure 81-33 gives the maneuver magnitude for various

thrust levels when this maneuver mechanization is used (The mechanization

implications of a fixed rate pitch over are displayed in Figure 81-34).

It can be seen from Table 8I-7 that smaller maneuver magnitudes

are required when the pitch-over maneuver is used. The saving is greatest

when one engine is employed (29 m]sec) and quite small (3 m/sec) for the

three engines case. This mechanization provides a way of reducing the

additional propellant required when one engine instead of three is used. How-

ever, the effect of errors in the pitch-over maneuver on the orbit trim budget

has not been assessed at the present time.

c. Thrust Vector Control Configurations

In addition to establishing a thrust vector control configura-

tion for the 3-engine propulsion system described in 6. a, additional analysis is

During this study it was found that the amount of propellant required for a

pitch-over maneuver was almost identical to that required for a gravity
turn maneuver.
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Table 8I-6. Assumptions for Gravity Loss Analysis

1. Approach trajectory and final orbit are conics.

2, Hyperbolic excess speed on the approach hyperbola

is 2. 85 krn/sec.

) The final orbit is an ellipse with a periapsis range

of 4400 km and an apoapsis range of 36, 546. 8 km.

.

o

o

The apsidal rotation is near zero. (The effect of apsidal

rotation can be seen in Figure 81-36).

The initial spacecraft weight at the start of the orbit insertion

maneuver is 6465 lbs.

The specific impulse is 285 sec.
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required to select one of the two single engine thrust vector control configura-

tions previously described in this report. The most important considerations

with regard to final selection of a single engine thrust vector control system is

CG behavior. The selection of a path guidance or high gain compensated auto-

pilot will depend on the final determination of CG behavior. For example,

the present orbiter design uses a symmetrical four propulsion tank con-

figuration. It is anticipated that this configuration will create very little CG

migration during the orbit insertion burn. If, however, a two tank configura-

tion is selected, as on Mariner '71, CG migration may present the major

source of pointing error.

Another area of concern is interaction between the vehicle

structure andthrust vector control system. No problems exist with the

present configuration. However, possibility exists that the scan platform

may be moved substantially off the spacecraft z axis. If this is the case,

excitation of the scan structure during motor burns will be more severe. A

reexamination of this problem is required.

d. Reaction Control System

During all phases of the mission, except during motor burn

phases, 3 axis control of the vehicle attitude is provided by the reaction con-

trol system. The system configuration is similar to that of the MMT1 space-

craft. However, an increase in the gas storage requirement and gas jet thrust

levels from the MM71 is necessary to meet the control requirements for the

Viking spacecraft. These changes are summarized below:

1)

z)

3)

Larger vehicle inertias.

Increased number of discrete events, particularly

the number of commanded turns.

Increase gas jet thrust levels. As a result of the

larger inertias, gas jet thrust levels must be

increased to provide rapid acquisition of celestial

references as required, proper limit cycle behavior,

and proper vehicle response during commanded turn_

In addition, the thrust levels must be sufficiently "_
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high to remove spacecraft tip-off rates at capsule

separation before large attitude errors result. This

is because the spacecraft attitude is in inertial lock

at capsule separation and the gyro integrators have

limited angular storage capability.

The reaction control system that is presently being con-

sidered, utilizes a single gas jet thrust level per axis. There is a possibility

that a saving in subsystem weight and an increase in overall efficiency may

result if dual thrust levels are utilized. Dual thrust levels would compensate

for the large vehicle inertia changes which occur between the transit and

orbital phases of the mission. An examination of this system concept is cur-

rently in progress.
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J° PYROTECHNIC SUBSYSTEM

1. General Description

The pyrotechnic subsystem for the Viking Orbiter is based upon

proven techniques and design philosophy employed in previous Mariner space-

craft subsystems. Improvements in circuitry and components that enhance

reliability will be incorporated. The design is essentially that of the Mariner 71

subsystem, modified only to the extent required to accommodate the in creased

propulsion events and added Propellant Migration Control (PMC) torque-motor

valves.

2. Functions

The subsystem performs functions such as release of the

Centaur/spacecraft separation device; firing of squibs associated with the pro-

pulsion subsystem explosive valves; control of the propulsion subsystem torque-

motor propellant valve; release of the capsule adapter; release of the orbiter

science scan platform and antenna(s}.

Redundancy in critical functions is employed through the use of

redundant commands, circuitry and devices.

The subsystem block diagram with functions and interfacing sub-

systems is shown in Figure 8J-l.

3. Subsystem Elements

Hardware elements included in the orbiter pyrotechnic subsystem

are:

1) Pyrotechnic Switching Unit(PSU)--An electronic unit that

contains a propulsion torque motor valve control section,

an electroexplosive device firing section, and an instru-

mentation section. The unit employs a transistor switch

to control power to the propulsion propellant valve

torque-motor. Capacitor banks are used to store squib
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Figure 8J-l. Block Diagram of Viking Orbiter Pyrotechnic Subsystem
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firing energy; silicon controlled rectifiers switch the energy

upon command to squib loads. Unijunction transistors are

used to generate gate pulses for the SCR's. Advantages of

such a circuit include lowered command current, assured

triggering over a wide range of ambient temperatures, and

reduction of false triggering due to noise. A schematic of

a typical squib firing channel is shown in Figure 8J-2.

Electroexplosive Devices (EED) associated with the

following functions:

bl

dl

el

Spacecraft/launch vehicle separation device.

Release of low gain antenna.

Release of the science scan platform.

Release of the capsule adapter.

Propulsion motor pressurization and propellant

valves.

4. Subsystem Inputs

a. DC Power

+ .6
DC power, regulated to 30 -1. 5 volts, 60 watts nominal, is

required for excitation of propulsion PMC and propellant torque-motor valves.

The power is made available to the PSU only when the Flight Command Subsystem

supplies the proper command to the Power Subsystem. The power energizes

the propulsion PMC torque motor immediately; the power to the propulsion

propellant valve torque motor is interrupted by a transistor switch within the

PSU. The switch is controlled by commands received from the Central

Computer and Sequencer.

b. AC Power

AC power supplied to the subsystem consists of a Z. 4 KHz

square wave having an amplitude of 50 volts rms, +2, -3 percent. Average
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power demand is 1 watt. The peak power demand occurs with storage capacitor

charging, and since capacitor charging current is limited, never exceeds 5 watts.

Multiple DC secondary voltages are provided thxough trans-

formation and rectification for capacitor bank charging and pyrotechnic command

excitation. The command excitation is distributed from the PSU to each

orbiter subsystem required to provide pyrotechnic event commands.

Since the AC power to the subsystem is interrupted by the

Separation Initiated Timer or Pyrotechnic Arming Switch, located on the

Centaur/spacecraft separation adapter, the subsystem is not excited (armed)

until separation has occurred.

c. Command Signal Inputs

PSU command signals consisting of a momentary closure

of between 10. 0 milliseconds and 10 seconds are supplied by:

Central Computer and Sequencer (CC&S)

Flight Command Subsystem (FCS)

The command to the propulsion propellant valve transistor

switch is a circuit closure for the duration of each propulsion burn.

Charging of capacitor banks associated with squibs that are

fired late in the flight sequence is controlled by series latching relays. Inhibit

or enable commands received from the FCS set the relays to either position.

5. Subsystem Outputs

Outputs from the PCU are:

1)

z)

3)

Command excitation power, not to exceed 35 volts DC, is

distributed to each orbiter command source.

Propulsion torque motor propellant valve power of 30 watts,

nominal, for the duration of each propulsion burn.

Electroexplosive device firing pulses having a minimum

amplitude of 5 amperes for at least 50 milliseconds are
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.

4)

S)

delivered to each squib bridgewire upon receipt of the

proper command. Multiple bridgewires are fired

simultaneously in some pyrotechnic events, in which

case, current limiting resistors in series with each

bridgewire limit the peak current to the bridgewire,

provide isolation in the event individual squibs short,

and provide a means for measurement of delivered

squib current with ground Operational Support

Equipment (OSE).

OSE instrumentation outputs consist o_ the aforementioned

squib firing current outputs, capacitor bank voltages,

command excitation voltage and 2.4-Kt=[z and 30-volt DC

arming indications. These outputs are made available

at an easily accessible connector when the PSU is

installed in the orbiter.

Telemetry outputs from the PSU to the Flight Telemetry

Subsystem are provided to obtain in-flight diagnostic

information. The data consists of the amplitude

of the command excitation voltage and the voltage

of each capacitor bank, a status indication of the 30

volt DC propulsion torque-motor excitation, and an

event signal indicating the delivery of firing current

to squib loads at each pyrotechnic firing.

Electroexplosive Devices

Characteristics of the electroexplosive de_ ices used are:

l)

2)

3)

Devices using squibs have an electrical connector,

the connector being an integral part of the squib body.

Squibs have redundant bridgewires.

Squibs are hot-wire gas generating types that

have a l-ampere, l-watt, no-fire characteristic. The

squibs will be capable of withstanding a static discharge

of 25 kilovolts from a 500-picofarad source.
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4) Devices are non-detonating, non=venting, non-rupturing,

and provide positive gas containment.

7. Subsystem Weight

Weight of the pyrotechnic subsystem will not exceed 15.0 pounds.

8. Safety Considerations

The design of the pyrotechnic subsystem and interfacing sub-

systems will adhere to the requirements of the latest revision of AFETR M127-I,

Safety, Range Safety Manual. The electromechanical pyrotechnic arming

devices, viz, Separation Initiated Timer and Pyrotechnic Arming Switch, con-

tain fail-safe arming status indication circuitry. The indication circuit is

routed via the spacecraft umbilical connector to a11ow monitoring of the status

in the launch complex blockhouBe.

It is a requirement that no single or common failure mode will

both arm and command a hazardous pyrotechnic event.
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K. CABLING SUBSYSTEM

I. Description

The cabling subsystem hardware for the Viking Orbiter is changed

from MM71 because the new orbiter configuration includes:

I)

z)

3)

4)

5)
f

Four additional electronic assemblies

Larger bus structure and new adapters

Larger propulsion subsystem

Addition of capsule system with in-flight separation

to capsule

Modification to scan platform support

The method of cabling and the type of connectors and wire used

for MM71 will be used for Viking. Where possible, MM71 hardware will be

used with minimum changes.

2. Adapter Harnesses

Adapter harnesses will have connectors at the field joints and

in-flight separation connectors at the separation joints where the orbiter inter-

faces with the capsule adapter and the system adapter. The pin roquirements

for these in-flight separation connectors needs early definition to assist in

determining their locations and possible need for connector development for

this application.

3. Weight Estimate

The weight estimate for the cabling subsystem is listed in

Table 8K- 1.
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r
v

Table 8K-l. Cabling Subsystem Weight Estimate

E. A. Harnesses

Weight (Ibs }

43.4 {1)

Upper Ring 24.0

Lower Ring 7.0

Scan Platform 8.0

Spacecraft Miscellaneous Harnesses 14.5

Propulsion Module 12.0

108.9

(1) Includes weight of support structure but balance of cable

weights do not include weight of accessories for support
to spacecraft structure.
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L* PROPULSION SUBSYSTEM

The primary function of the propulsion subsystem for Viking is to pro-

vide directed impulses required for in-transit trajectory corrections, an orbit

insertion maneuver at Mars, and two or more orbit trim maneuvers. The

propulsion subsystem is comprised of a mechanically separable spacecraft

module containing all necessary components and fluids to provide these im-

pulses upon command. Maximum utilization of Mariner '71 technology and

hardware has been the primary criterion in establishing the Viking propulsion

design.

1. Propulsion Requirements and Design Constraints

Propulsion propellant requirements for the Viking mission are

determined by the total impulse, which is dictated by the launch date, tra-

jectory accuracy, desired Mars orbit and required orbit corrections, and by

the orbiter and capsule weights, which are a function of desired engineering

and science experiments and associated support system hardware require-

ments. The Viking propulsion system is sized for the following velocity re-

quirements and spacecraft and capsule weights (firing schedule shown is

approximate}:

Midcourse correction AV 1 5 meters per second

First maneuver at launch + 15 days

Second maneuver at encounter -20 days

Third maneuver at encounter - 18 days

Orbit insertion AV (impulsive)

Gravity losses due to non-

impulsive maneuver

Orbit trim /kV

Orbit trims after encounter

(prior to capsule separation)

Second orbit trim at encounter + 10 I

days (after capsule separation} \
/

Additional trim maneuvers during orbiter,

90 day mission I

1350 meters per second

110 meters per second

50 meters per second

50 meters per second
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Spacecraft Weight (excluding propulsion

subsystem) 1382 pounds

Capsule Weight 1800 pounds

The effect of "off-loading" the propulsion system on spacecraft launch weight

and AV capabilities is described in Appendix C of this document.

The propulsion system shall be capable of performing orbit trim

maneuvers throughout the 90-day orbiter operational period; thus, a reliable

propulsion subsystem functional lifetime of approximately 325 days is required.

Impulse-bit requirements, accuracy requirements, and engine

thrust vector alignment and offset tolerances have not been determined to date.

However, since the trajectory requirements are similar to Mariner '71 re-

quirements, impulse-bit and accuracy specifications for the Mariner '71 pro-

pulsion system should be a reasonable guide for setting Viking specifications.

Envelope and arrangement of this subsystem must be compatible

with interfacing structure and shall consider the potentially conflicting geometry

requirements of other subsystems including antenna and folded solar panels,

and view angle requirements for instruments and sensors. Heat transfer from

the engine to the spacecraft through conduction, radiation or exhaust impinge-

ment shall be minimized, and location and design of the thrustor shall consider

potential plume effects on adjacent surfaces, instruments, and on command

and data transmission to and from the spacecraft. Direct impacts of propulsion

design options on weight of the power system shall be considered in the pro-

pulsion tradeoff and selection process.

A primary consideration in the selection of hardware for the

Viking propulsion subsystem shall be to utilize developed and qualified com-

ponents wherever possible, thereby maximizing mission success, and mini-

mizing program costs.

8L-2
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a. General

The propulsion subsystem is functionally a pressure-fed

multi-restart, fixed thrust, storable bipropellant propulsion system, depicted

schematically in Figure 8L-l, utilizing the propellants nitrogen tetroxide

(N204) and monomethylhydrazine (MMH), at a weight mixture ratio of

1.55 O/F. The propulsion subsystem includes all of the mechanical, structural,

pneumatic, and hydraulic subassemblies required to provide a directed im-

pulse from a mechanically-separable modular assembly. Principal subsystem

components consist of a mounting structure, a high-pressure gas reservoir,

a pneumatic pressure regulator, four propellant tanks with positive expulsion

provisions, and a rocket engine assembly which is electromechanically gim-

balled in two planes and utilizes a direct acting, electrically operated, normally

closed, linked, bipropellant valve. Electrical components and cabling required

to transmitand respond to external excitation to direct or control impulse are

included in the propulsion subsystem. Thermal control equipment (heaters,

insulating blankets, etc.) and flight instrumentation are also included. The

low-thrust, random demand, attitude control function that would be required

during periods of celestially referenced cruise is excluded from the propulsion

subsystem (see Section VIII-I of this document).

The design concept is predicated on the basis that the sub-

system must satisfy the long-term space storage (maximum of 325 days) and

multiple start (maximum of seven) requirements of the Viking mission. To

better fulfill the long-term storage requirements, pressurization by gaseous

nitrogen is utilized in lieu of gaseous helium, the latter being more prone to

diffusion and leakage. Welded or brazed tubing and fittings are used whenevcr

possible to minimize the number of potential leak sources. Metal seals will

also be employed, where welding and brazing are impractical, in place of

elastomeric seals to alleviate the effects of irradiation, hard vacuum, tempera-

ture, and long-term storage on the critical system seals.

Leakage will be controlled by the inclusion and selected use

of multiple explosive valves arranged in two parallel branches of normally

closed (NO) and normally open(NC) valve groups located in the pressurant
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and propellant flow circuits. Prior to the first trajectory correction, the

closed explosive valves provide positive sealing.

After the first correction, the intent is to rely upon elec-

trically operated valves of the engine and intrinsic no-flow sealing of the gas

regulator for short duration leakage control. When no other immediate cor-

rections are anticipated, or if telemetry indicates a significant leakage, ex-

plosive valves will be used to provide positive leakage control.

The proposed propulsion subsystem is capable of being

fueled, pressurized, and monitored for a minimum of 50 days prior to encapsu-

lation of the spacecraft and actual launch. The subsystem in the pressurized

and fueled condition will be safe for personnel operations and handling over a

temperature range of +20°F to 105 °F. No spacecraft umbilicals or hardlines

are required to maintain the propulsion subsystem in the "ready" condition.

Propellant fill and bleed fittings are located so as to provide for a single

access from a shroud port should deservicing be necessary on pad.

Control commands to, and subsystem event sequencing for,

the propulsion subsystem will originate from the spacecraft central computer

and sequencer (CC&S). Storage of squib energy and management of solenoid

power shall be accomplished by necessary power switching operations of the

pyrotechnic subsystem. Continuous dynamic command inputs shall be pro-

vided to the propulsion subsystem during thrusting periods by the spacecraft

autopilot. These commands will dynamically orient the thrust vector by means

of the gimbal actuators.

b. Pneumatic Assembly

The pneumatic assembly includes f,_L_r high pressure gas

storage vessels with fill valve and flight instrumentation, four pair_ of ganged

explosive valves (one NC, one NO per pair), a single stage pressure

regulator, a flow filter, flow check valves, a nd pressure relief provisions.

Table 8L-I provides further description of this assembly.
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Table 8L-I. Propulsion Component Characteristics

Pressurization Assembly

Gas

Tank material

Tank diameter (in.)

Tank capacity (lb of N 2

Pressures - psig

Operating
Proof

Burst

Gas flow control

in 4 tanks)

Leakage rate

Propellant Supply Assembly

Propellants

Tank material

Propellant expulsion

Tank dimensions (in.)

Tank capacity (lb of _sable propellant
in 4 tanks)

Pressures - psig

Operating
Proof

Burst

Propellant flow control

Relief pressure

Enbine Assembly

Thrust - lbf

Specific impulse (_ = 40:1)

Chamber pressure - psia

Mixture ratio (O/F)

Thrust vector control

Material

lbf- s ec / Ibm)

8L-6

N 2

Ti 6A1 4V

18

104

4000

6600
8400

single stage regulator with ganged

pyrotechnic isolation valves,

series parallel checks

150 sec/hr, maximum (all paths)

N204/MMH

Ti 6AI 4V

Laminated teflon bladder with

standpipe and screens

30 dia x 44 in. long

3130

2.42

404

484

solenoid valve with ganged pyro-

technic isolation and backup valves

330 psig

300

Z79 Minimum

117

1.55

Gimballed (Z-axes)

Beryllium chamber, L-605 nozzle
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c. Propellant Supply Assembly

The propellant supply assembly includes four equal volume

propellant tanks, each with internal teflon bladder and outflow standpipe and

screens. Both pairs of intermanifolded tanks will be separated by motorized

valves to eliminate propellant migration during coast periods. Also included

are the ganged pyro valves in both the fuel and oxidizer circuits, as well as

necessary fill, vent and bleed valve provisions. Propellant filters are included

to control the influx of particulate contaminants to the engine propellant valves.

Further description of the propellant supply assembly is included in Table 8L-I.

d° Engine Assembly

The engine assembly selected is a Rocketdyne

RS-2101 engine currently being qualified for the Mariner '71 spacecraft. The

engine utilizes a Rocketdyne proprietary "interegen" cooling concept for chamber

cooling and a radiation cooled nozzle skirt providing a 40:1 expansion area ratio.

This single 300-pound-thrust engine is required to thrust for approximately

3000 seconds during the orbit insertion maneuver. Interegen engines of 100

pounds thrust have been continuously fired for over 10, 000 seconds, and since

the RS-2101 reaches thermal equilibrium after about 200 seconds, no problems

are anticipated in demonstrating the long duration burn capability. Thrust

vector control includes two-axes pivoted gimballing with two push-pull linear

electromechanical actuators. The bipropellant valve coupled to the engine is

a dual-coil electrical torque-motor design. A cutaway view and dimensions

of the RS-2101 engine are shown in Figure 8L-2. Temperature distribution

through the RS-ZI01 chamber vs. time is shown by the data in Figure 8L-3;

with locations as specified in Figure 8L-2. Nozzle exhaust cone temperatures,

for steady-state operation, are indicated in Figure 8L-4.

e. Structure, Thermal Control and Cabling

The structural assembly, thermal control, and cabling of

the propulsion subsystem are discussed in their respective sections of this

document.
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VIKING ORBITER

IS-2101 ENGINE

o/
INJ|CTOI

14 200 17.070 _I _--

I • = 60:1

10.411

DIA

Figure 8L-2. RS-ZI01 Engine
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f. Interface Characteristics

The interface characteristics of the propulsion subsystem

are presented in Table 8L-2. An approximate exhaust plume map for the

RS-2101 engine is presented in Figure 8L-5. It appears that, with the current

Viking propulsion-subsystem/spacecraft configuration, there will be no dynamic-

pressure or heating-rate problems associated with plume impingement on the

spacecraft.

3. Performance, Impulse Accuracy, and Alignment

Nominal steady state specific impulse performance of the Viking

propulsion system is 285seconds. Instrumentation inaccuracies and manu-

facturing tolerances cause a possible variation from the nominal performance

of 6 seconds, producing a minimum expected specific impulse of 279 seconds.

An increase in nominal specific impulse of approximately 3 seconds can be

gained by lengthening the nozzle to an area ratio of 60:1. The specified mini-

mum specific impulse of 279 seconds has been used to establish propellant

requirements for the Viking mission.

Minimum impulse-bit capability is dependent only on the engine

shut-down reproducibility since the spacecraft is equipped with on-board

accelerometers. A capability of better than 120±3 lbf-sec can be achieved with

the Viking propulsion subsystem.

Thrust level is 300i15 lbf with a specified vector variation of

±0. 5 ° in alignment and ±0.05 inches centerline offset between the geometric

engine centerline and the actual engine thrust vector. Inaccuracies In mount-

ing and aligning the engine within the propulsion module and spacecraft must

be accounted for in addition to the above specified tolerance.

4. Weight

A weight summary for the baseline propulsion subsystem described

above is presented in Table 8L-3. Total weight shown in this table includes an

eight percent contingency on inert weights, and the propellant requirements are

based on the velocity requirements specified in paragraph L-1 above and the

8L-II
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Table 8L-2. Propulsion Interface Characteristics

Thrust Level

Thrust

Guidance and Control

Thrust vector alignment to engine

Engine alignment

cg shift during propellant use

Roll torque

Gimbal cone of thrust vector

Thermal Control - Temperature Limits

Pressurant system, prior to burn

Propellant tanks and lines

Engine valve-- pre-ignition/post
shutdown

Injector - pre-ignition

Power Requirements

Solenoid valve

C-imbal actuators

Instrumentation and Command

Temperature channels

Pressure channels

Commands

Electrical monitors (gimbal position)

300 +15 lbf

±0. 5 °

TBD

TBD

2 in.-lb (subject to review)

< 13 °

+20 to +105°F

+20 to +105°F

+20 to 4105/<2-50 ° 1:

TBD

20w

TBD

12 parameters

4 parameters

TBD

2 signal output
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Table 8L-3. Viking Propulsion Subsystem

Weight Summary

Rocket Engine Assembly

Biprop valve, TCA, nozzle extension, etc.

Propellant Isolation Assembly

Eight NO/NC pyro valve pairs and manifolding

Propellant Tank Assembly

Tanks, bladders, standpipes and screens, inter-
tank manifolding, and motorized isolation valves

Pressurant Check and Relief Assembly

Pressurant Control Assembly

Four NO/NC pyro valve pairs and manifolding

Pressurant Tank Assembly

Nitrogen Pressurant

Propellant Residuals

Provides for loading accuracy, entrapment, MR
variations, and bladder expulsion efficiency

Command and Squib Harness

Structure

Subtotal

Contingency

Total Inerts and Residuals

Usable Propellants

Total Propulsion Subsystem Weight

18

32

2O3

14

2O

191

lOZ

141

6

61

788

62

85O

3130

3980 pounds
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specified minimum specific impulse of Z79 seconds

The weight estimates in Table 8L-3 were derived from actual

components (described in paragraph L-5) or from scaling similar Mariner '71
W

components. The resulting propellant fraction, ._ropellants
W +W.

propellants merts

of 0. 77 is typical for this propulsion system type and size.

The 3130-pound usable propellant-capacity of this baseline design

allows for off-loading of propellants during non-optimum portions of the launch

window (see Appendix C of this document).

5. Component Status

The Viking propulsion subsystem utilizes primarily existing com-

ponents which are currently being qualified for the Mariner '71 program. Basic

additions to the Mariner 171 propulsion system are noted in Figure 8L-1 and

Table 8I.-4. Due to the larger propellant volume requirement, the Viking pro-

pulsion system will use stretched versions of the Mariner 171 tanks, and ex-

tended bladders and standpipes using Mariner 171 technology.

6. Future Analysis and Decision Requirements

The most significant design decisions, in terms of overall system

impact and timeliness, which must be resolved early in the Viking design

activity are:

1) Engine selection -- the feasibility of the 3000-second burn

capability must be demonstrated for the 300-pound thrust

If, as is commonly done, the structure related to the propulsion system,

meteoroid shield, thermal control, and contingency weights associated with

this hardware are not charged to the propulsion subsystem, the propellant

fraction is increased to 0.81. Note also that 52 pounds of inert weight are

contributed by isolation valving and 34 pounds by the standpipe/screens and

bladders; both of which are dictated by extended zero-g coast periods,

characteristic of the Viking mission.

8L-15
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z)

3)

berylliu_n engine. A demonstration full-duration firing

of the RS-2101 engine is currently planned for the March/

April '69 time period. Detailed verilication of compatibility

with power system, analysis of heat conduction and radiation

during and after the extended firing rinse, and investigations

of gravity losses and guidance techniques to reduce these

losses, are also required.

Tank configuration -- selection and use of the four-tank

arrangement will depend on detailed analyses of tank and

structural weights, spacecraft envelope and packaging

compatibility, propellant dynamics, c.g. drift and pro-

pellant management, and adequacy of bladder and screen/

standpipe zero-g propellant acquisition devices.

Additional analyses related to the propulsion subsystem will

be required in the following areas:

a) General propellant acquisition and propellant manage-

ment problems associated with the Viking mission in-

cluding investigation of series and parallel options for

the four-tank arrangement.

b) Determination of pressurant tank location, number of

pressurant tanks, tank structural mounting provisions,

and relative reliabilities, leakage potential and hard-

ware costs associated with the design options.

c) Investigation of performance improvement techniques

including increased nozzle area ratio, injector design

improvements, and "optimization" of film-cooling re-

quirements.

d) Analysis of thermal control and meteoroid shielding

requirements for the Viking propulsion subsystem.

e) Tradeoff associated with propellant capacity and

Viking launch-window improvement.

f) Detailed failure mode and failure rate analysis of the

propulsion system to establish mission critical failure

effects and determine if the baseline system provides

adequate redundancy and single-source failure pro-

tection.
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g) Specification of Viking propulsion/spacecraft

interface requirements.
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M* TEMPERATURE CONTROL SUBSYSTEM

1. Functional Description

The prime function of the thermal control subsystem is to main-

tain all equipment aboard the spacecraft within specified temperature limits.

An active thermal control system is used for the internal orbiter equipment.

Thermal control of equipment on the outside of the orbiter is achieved by the

use of thermal coatings and thermostatically controlled electrical heaters.

2. Thermal Design

The thermal design of the orbiter is based on the concept of regu-

lating the quantity of rejected heat from an insulated orbiter. The orbiter is

insulated with multilayer superinsulation, using the louver system to provide

regulated heat rejection. Since the electronic assemblies represents the bulk

of the heat generated inside the orbiter, they are mounted directly to the base-

plate radiator in front of the louvers. This results in minimum resistance

thermal path. Maximum radiation and conduction coupling is provided inside

the orbiter between all equipment bays so that portion of the heat in a high

power bay can be transferred to the low power bays. This is also useful during

the midcourse maneuvers where the Sun may incident directly into several of

the equipment bays. Since the propulsion module, unlike the electronic assem-

blies, does not generate any heat during cruise, the system must rely on the

equipment bays to transfer enough heat to keep the propellant tanks from getting

too cold. In addition, two 10watt heaters are provided to minimize any gradient

around the tanks. A high temperature insulation blanket provides an enclosure

for the propulsion module to provide protection during midcourse and orbit

insertion firings.

Thermal control of equipment on the outside of the orbiter is

achieved by passive means and/or by electric heaters. The solar panels, Sun

sensors and other Sun oriented packages are controlled by the use of thermal

control coatings in conjunction with controlled conduction paths to the orbiter

structure. In addition, thermostatically controlled heaters are provided to

compensate heat loss during Sun occultation.

8M-I
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e Hardware De scription

a. Thermal Louver

Thermal control of the main body of the orbiter utilizes a

louver system composed of eight louver assemblies, each louver blade inde-

pendently controlled by a bimetallic actuator which senses the local radiating

panel temperature. As the paneltemperature increases the louvers open,

thereby increasing the effective emittance of the panel. Mechanical stops

limit louver positions between 0* to 90" (fully open). The heat dissipation

capability of the louver system is shown by Figure 8M-1.

b. Thermal Insulation System

The multilayer high performance insulation is used to cover

the entire orbiter except for the required openings and penetrations (e. g.

adapter, outrigger assemblies). The insulation if made of 25 layers of 1/4 rail

aluminized Mylar with a 6 rail Armalon face sheet serving as part of the micro-

meteoroid protection subsystem for the orbiter. In the vicinity of the orbit

insertion engine, high temperature insulation is used which consists of 24 layers

1/2 rail gold coated Kaptonwith a 6 rail Armalon and a ? rail gold coated Kapton

as the face sheet.

In addition, an 18 mil stainless steel collar is provided

around the throat of the orbit insertion engine to provide protection to the

gimballing assembly during engine firing.

4. Lander Capsule and Orbiter Interface

Conduction heat transfer between the lander capsule and orbiter

is minimized by using low conductivity structural configuration _or the lander

capsule adapter. A truss with only four attachments to the orbiter was

selected. Radiation heat transfer between the lander capsule and orbiter is

minimized by configuration control, isolating the lander capsule Irons the

orbiter.

8M-2
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Launch pad air conditioning, provided by the launch vehicle, must

be able to accommodate 600 watts power dissipation from the orbiter and any

additional power dissipation by the lander. The temperature at the air condi-

tioning inlet shall not be less than 40°F. The maximum heating rate from the

shroud to the orbiter during the ascent phase is assumed to be 40 watts/ft 2.

The shroud is ejected no earlier than 350,000 ft altitude so that free molecular

heating of the orbiter shall not cause any major overheating problems.

5. Weight Estimates

The weight estimates for the temperature control subsystem are

listed in Table 8M-1.
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Table 8M-I. Temperature Control Subsystem Weight Estimate

Scan Platform

Weight (lbs)

2.50

Insulation - 4 bays

Upper Insulation Blanket

Maneuver Motor Heat Shield

1.00

2. O0

1.20

Propulsion Module Insulation

8 Louver Assemblies

5.40

10.50

Bay Corner Shields

Louvers for Motor Thrust Plate

1.50

1.00

Channels (Louver Bay @ . 1/bay)

Miscellaneous (heater, etc.)

0.80

1.10

27. O0
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No MECHANICAL DEVICES

1. Solar Panel Devices

The solar panels are hinged on outriggers attached to the bus.

They are folded down during launch and are restrained by the spacecraft

adapter. The panels must separate from the spacecraft adapter to effect the

spacecraft separation from the launch vehicle. This is accomplished with a

device which incorporates a bayonet-socket type tiedown with dampers in the

support linkage to attenuate panel loads during vibration.

The panel erection actuator springs and the cruise damper-locking

mechanization are similar to those used for Mariner '71 which has similar

panels supported on outriggers.

2, Antenna Deployment Mechanisms

a. High Gain Antenna

The 58" diameter antenna reflector must be stowed during

launch to fit within the available dynamic envelope. After injection the antenna

is deployed to its initial position by an open loop deployment assembly. Daily

antenna update is required to give the maximum performance for the antenna.

However, the pointing angles are such that this can be accomplished by rotation

about only one axis.

b. Relay Antenna

The relay antenna array is mounted on a solar panel beam

structure to give the required antenna pattern. The size of the array prohibits

a fixed mounting position -- constrained by the available dynamic envelope.

Therefore, the array is stowed during launch, latched by a pin puller, and is

deployed by rotating it to its required attitude by a spring actuator. This

technique was used on the MV67 and MM71 high gain antennas.

8N-I
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3. Low Gain Antenna Support

The low gain antenna which covers the hemisphere on the Sun

side of the spacecraR is typical to that used on MM64 through MM71, The

antenna is supported on a long tube which serves as a wave guide to the antenna.

This is base mounted to the bus structure. The tube is supported, during

launch, near its 3/4 point by a damper support assembly attached to the pro-

pulsion module. This stowed position gives the required clearance for the

separation maneuver. After separation, the antenna is deployed to a position

parallel to the roll axis and is supported by a cruise damper support mechanism.

This location positions the antenna as far from the radiatively cooled maneuver

motor as is practical for this configuration.

4. Separation Mechanization

The spacecraft is attached to the spacecraft adapter at four points.

The attachment is made by a pyrotechnically initiated device such as an explo-

sive bolt. Separation velocity is achieved by the use of four springs housed on

the adapter and pushing against pads on the lower ring of the orbiter.

A similar, but smaller assembly, is used to jettison the lander

capsule adapter and bioshield base after capsule release.

5. Scan Platform

The scan platform definition is not yet complete as requirements

are not fully known but its design is similar to Mariner '71. It is located on

the roll axis and between the orbiter and capsule -- a location similar to MM71.

Because the propulsion module occupies the center volume of the bus, the scan

platfol"i'nbearing supports are moved. This permits a good spacing for the

bearings and also increases the pointing cone angle, somewhat, into the range

less then q0*.

A 90" cone angle is required to accomplish the landing site

surveillance required prior to capsul@ release.
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Stowage will require a latch mechanization different from MM71

because the larger bus and location is not compatible with direct latching to

the bus structure. The latching assembly will be designed to resist motions

about the cone and clock actuation axes, thus keeping launch loads off the

actuators. They must, however, be capable of taking orbit trim loads.

6. Devices Weight Estimate

Table 8N-1 lists weight estimates for the devices subsystem.
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Table 8N-1. Devices Subsystem Weight Estimates

Weight (lbs)

Solar Panel Devices

Launch Latches and Dampers
Fold-out Locks and Cruise Dampers

Deployment As sembly

5.0
1.9
1.5

8.4

Antenna Device s

Low Gain Damper Assembly 1.4

High Gain Latch & Deployment Mechanism 1.5
Relay Antenna Deployment Mechanism 0.5

Scan Platform

Frame Assembly, Bearings

Latching Assembly

45.0
15.0

3.4

Separation Initiated Timer 0.7

Pyro Arming Switch Assembly 0.1

Total 72.6
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Oo DATA STORAGE SUBSYSTEM

The orbiter data storage subsystem consists of two identical digital

tape recorders and their associated record, playback, and control electronics.

Figure 80-1 is a block diagram of one of the recorders. The storage capacity
8

of each recorder is 1.8 x 10 bits on four data tracks. There is a clock (bit

sync) track associated with each data track. Playback rates are at 16.2, 8. 1,

4.05, 2.025, and 1.012-5 Kbps. Playback speed is controlled by means of a

servowhich uses the recorded clock and a read out clock, and the recovered

data is shifted through an output buffer to remove jitter. Record rates are

132. 3 Kbps for recording orbiter science data and 20 and 1. 348 Kbps for record-

ing capsule relay data. The tape recorder motor will be driven synchronously

when recording 132.3 Kbps and in the servo mode at the lower bit rates.

DSS Parameters:

Weight

Power

Storage Capacity

Record Rates

Playback Rates

= 20 lbs each recorder

= 22 watts each recorder

= 1.8 x 108 bits serial NRZ

= 132.3 Kbps, 20 Kbps, 1. 348 Kbps

= 16.2 Kbps, 8. 1 Kbps, 4.05 Kbps,

2. 025 Kbps, 1.0125 Kbps

80-1
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P. SCIENCE DATA SUBSYSTEM (SDS)

The Science Data subsystem (SDS) serves as the data handling system

for the science payload. It controls and sequences the science instruments,

samples and converts the resulting data into digital form, provides temporary

(buffer) storage and formats and routes the data to both the flight telemetry

subsystem (FTS) and data storage subsystem (DSS) for direct or delayed trans-

mission to Earth. The SDS exchanges commands with other subsystems aboard

the spacecraft which pertain to the operation of the science payload.

The major differences between the Viking Orbiter and the Mariner '71

DAS are due to the increased flexibility required in sequencing the instruments

and in constructing formats. This flexibility is required in order to sequence

instruments in rrLanner which will make the best use of information obtained

from previous spacecraft orbits and the Lander.

The SDS will produce three data streams. A high rate and a low rate

stream will be provided to the flight telemetry subsystem for transmission

during the periods of recording and playback. The high rate will be used when

a Zl0-foot antenna is available and the low rate at other times. The high rate

will be progressively lowered from 16. Z Kbps to 8. 1 Kbps to 4 Kbps as trans-

mission conditions get worse during the progress of the mission. The low rate

will be about 133 1]3 bps.

A 132. 3 Kbps data stream will be sent to the digital recorder. This

will consist of all TV and science data. The 16. Z Kbps and 8. 1 Kbps data

streams will consist of all science data and selected TV picture elements.

The4 Kbps and 135 113 bps will have selected portions of science and TV.

Flexible formats will be particularly valuable in making optimum use of these

lower data rates. Figure 8P-1 shows a gross functional block diagram of the

SDS.

As the total science data rate is lower than in the Mariner '71 design,

a smaller portion of the recorded data stream can be assigned to this data.

This means that the TV can use a shorter flyback time if this is desirable.

Total science data and coding will be no more than 350 bits. 450 bits were

required in the Mariner '71 design.

The science data must be buffered during the time that TV video data

8P-I
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is being recorded. A core memory will be used for this as in Mariner '71.

The core memory will also be used for storage of bit patterns used

in controlling formats and sequencing.

A third use of the memory will be in the implementation of a non-

volatile frame count. This will guarantee continuity of science data throughout

the 60 or more days of the orbital mission.

The volume required for the SDS will be approximately 600 cubic

inches. The power will be about 23 watts and the weight about 21 pounds.
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QI SCAN CONTROL SUBSYSTEM

1. Introduction

The Viking orbiter scan platform provides pointing for those

scientific instruments which require orientation. The platform is a two

degree-of-freedom structure located in the +z direction hemisphere of the space-

craft between the orbiter and the capsule. The clock axis allows rotation of the

platform about the z axis of the spacecraft. The cone axis allows rotation of

the platform about a line in the x-y plane. The cone angle is the angle

between the platform line of sight and the spacecraft -z axis. The two

degree-of-freedom motion of the scan platform is servo controlled by the

scan control subsystem.

Z. Functional Description

The Viking orbiter scan control subsystem consists of the electro-

mechanical and electronic devices necessary to provide pointing control of the

scan platform during the orbital phase of the mission.

The orbital phase of the mission may be divided into the pre-

separation mode and the post-separation mode. The operation of the scan

platform during these modes is described below:

a. Pre-Separation Mode

The available look angles of the scan platform prior to

separation of the capsule lander are limited in cone by the presence of the

lander in the +z direction hemisphere of the spacecraft. Therefore, in order to

conduct landing site surveillance, the spacecraft will perform commanded turns

to reposition the x-y plane of the spacecraft parallel to the orbital plane.

Rotation of the scan platform about the clock axis will then

allow adequate TV coverage of proposed landing sites. The scan platform will

be rotated about the clock axis by CC&S. The scan platform can also be con-

trolled by radio command.

8Q-1
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A block diagram of a single axis of the scan platform con-

trol subsystem is shown in Figure 8Q-I.

b. Post-Separation Mode

The function of the scan platform control subsystem after

capsule separation is to position the directional science payload during orbital

operations. The scan platform will move in both clock and cone in order to

accomplish this task. The position of the platform will be controlled by a

stored program in the CC&S. Both the clock and cone position of the scan

platform can also be controlled by radio command. The minimum incremental

movement of each axis is one degree for both FCS and CC&S commands.

3. Mechanization Description

The scan platform mechanization is detailed in block diagram

form in Figure 8Q-1. The principal components in the scan control subsystem

include the following:

1)

z)

3)

4)

Stepper motor drive electronics

Stepper motor and reference potentiometer assembly

Gimbal actuator pre-amplifier and power amplifier

Gimbal actuator and position potentiometer assembly

a. Stepper Motor Drive Electronics

This circuitry accepts pulses from either CC_S or FCS

in order to actuate the stepper motor. Clockwise or counterclockwise rotation

of the stepper motor may be commanded by either CC&S or FCS. The

nominal pulse length of input commands is 100 milliseconds. To ensure noise

immunity, the stepper motor drive electronics rejects input signals of less

than 15 milliseconds duration. The electronics accepts an input signal and

converts it to four sequential pulses at the stepper motor. Each output pulse

drives the stepper motor 90 degrees or a total of 360 degrees for each group

of four output pulses.

8Q-2
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b. Stepper Motor and Reference Potentiometer Assembly

This assembly contains a 90°-peroincrement stepper motor,

a 228-to-1 step down gear train, and the reference potentiometer. For every

360-degree revolution of the stepper motor, the reference potentiometer moves

approximately 1.6 degrees. The reference potentiometer has a useful range

of 345 degrees. When converted to gimbal position, this represents approxi-

mately 215 degrees of possible gimbal movement per axis. However, space-

craft geometry will limit this travel to approximately 90 degrees in cone.

c. Gimbal Actuator Pre-Amplifier and Power Amplifier

The pre-amplifier amplifies the DC voltage difference

between the reference potentiometer and the gimbal position potentiometer.

As long as a difference exists, the pre-amplifier willhave an output and will

drive the gimbal power amplifier. The power amplifier is a 400-cycle, single

phase amplifier that drives the control winding of the gimbal actuator motor.

d. Gimbal Actuator and Position Potentiometer Assembly

This assembly houses the gimbalactuator motor, 3 gear

trains, the position potentiometer, and the coarse and fine telemetry

potentiometers. A400-cycle, 2-phase actuator motor is used to drive the scan

platform gimbal. The motor uses a 26-volt 400-cycle fixed phase and a variable

amplitude 400-cycle control phase. The control phase voltage is generated by

the power amplifier and either leads or lags the fixed phase by 90 degrees

depending on the desired direction of motor rotation. The output shaft of the

gimbal actuator is connected to the gimbalposition potentiometer by a 1.6:1

step-up gear train. A coarse telemetry potentiometer is located on the same

shaft with the position potentiometer. A fine telemetry potentiometer is con-

nected to this shaft by a 50:1 step-up gear train.

4. Pointing Accuracy Analysis

The scan control subsystem must point the scan platform instru-

ments at the planet at various times during the mission. After the lander has

8Q-4
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been separated from the orbiter, this can be performed while the orbiter is

Sun and Canopus oriented. In this case the expected 3a values of the TV

camera pointing error are 1. 16 degrees in cone and 1. 19 degrees in cross cone.

Prior to lander separation the pre-separation surveillance phase

of the mission will be performed with the spacecraft under inertial control. A

roll-pitch-roll commanded turn sequence will be performed to allow the scan

platform instruments to see the spacecraft track on the planet surface. The

expected 3a values of the TV camera pointing error in this case are 1.53

degrees in cone and 1.55 degrees in cross cone initially. Due to gyro drifts,

however, the scan platform pointing error will increase with time, in this case.

5. Weight and Power Summary

a. Weight

Listed below are the weights of the major components in

the scan platform system.

Gimbal actuator ass'y

Mode and drive logic

Scan power supply

Servo amplifier and stepper motor ass'y

Total

Weight (lbs)

7.82

1.44

2.56

4.88

16.70

b. Power Consumption

2.4 Hz: Peak, 28.5 watts

Nominal, 8.0 watts

400 cycle li_: Peak, 12.0 watts

Nominal, 10.0 watts
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6. Additional Considerations

Modifications to the existing hardware (MM71) might be con-

sidered in order to accomplish the following:

1) Decrease the minimum incremental resolution of

the scan platform angular movement. It is now

one degree in each axis.

2) Modify the electronics in order to operate an additional

reference potentiometer. This potentiometer (not

shown in the block diagram) can now (MM71) only be

addressed by a prelaunch command while the spacecraft

is on the launch pad. There is one additional reference

potentiometer per axis in the present MMTI system.

There is a possibility that the scan platform may be located off

the spacecraft z axis. This is not desirable due to adverse effects on the auto-

pilot and effect on CG location. Since the engine thrust vector is nominally

along the z axis, a substantial lever arm may exist when the platform is

unlatched. The result is that severe dynamic interaction between the scan

structure and autopilot control system may occur. If this is the case a

reexamination of this problem will be required.

8Q-6
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R. SCIENCE

In order to respond to the scientific objectives outlined in Section IV

and to proceed with the conceptual design of the Viking orbiter, a model payload

for the Viking orbiter mission was selected. This orbiter payload consisted of

four science instruments, television, infrared radiometer, infrared inter-

ferometer spectrometer, and an infrared mapper. These instruments are

discussed in some detail in the subsequent paragraphs. A summary of the

model payload for the Viking orbiter is presented in Table 8R-1.

1. Television Subsystem

a. Basic Parameters

The television subsystem provides a photometric mapping

of a large portion of the Mars surface, including the region from 10°S to

30°N latitude. In doing so, it forms a primary part of the scientific payload.

The wide angle TVS field of view is a rectangle 11 deg x 14 deg, the longer

dimension normal to the flight path. Assuming a periapsis speed for the

orbiter of 4 km/sec and periapsis altitude of 1000 kin, the field has an angular

motion of .004 radians/sec or approximately l0 s /frame of 4Z sec. Further,

with an orbit of 40 ° inclination, stepping the orbit between successive periapsis

passages by 20 ° longitude (by changing the period to the period of Mars'

rotation plus or minus 80 minutes) provides slight overlap for adjacent wide

angle picture swaths. In order to generate narrow angle overlapping picture

sequences at periapsis pass, the scan platform must be rotated between

pictures. For a field motion of 4 microradians/millisec (given above) at

periapsis, and a TV line separation of 25 microradians, an exposure time of

6 milliseconds or less is required to prevent line smear of less than one TV

line.

b. Major Functional Elements

1). Camera A Optics -- The Camera A optics (wide

angle) subassembly consists of a several-element

8R-I
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Table 8R- 1. Model Viking Orbiter Payload

Television

Weight{lbs) Wt. (lbs) on
Total Scan Plat.

Power

Watts
Data (Kbps)

Operating (Peak)

48 36 38 13Z

High Resolution
Infrared Radiometer 15 10 5 1

Infrared Interferometer

Spectrometer

Infrared Mapper

Science Data Subsystem (SDS)

Payload Total

35 Z3 14 Z. 7

30 15 14 0.3

Z1 0 23

149 84 94 136
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2).

3).

4).

51.

6).

refractor lens, and a shutter-filter mechanism. The

shutter is a rotating disk-type with an appropriate

filter introduced into the light path by the application

of a current pulse. The effective focal length is

50 ram, and the focal ratio is f/3.0. The image tube

raster affords a field of 11 ° x 14 °

Camera B Optics -- The Camera B (narrow angle)

optics subassembly consists of a catadioptric

telescope, and a shutter mechanism. The shutter

is a solenoid-operated, dual-moving blade type. The

focal length is 508 mm and the focal ratio is f/2. 5.

The field is 1. 1 ° x 1.4 ° .

Camera Heads -- The camera heads are identical for

both cameras and house the vidicon sensor, yoke

assembly, preamplifier and distribution circuitry.

These are mounted on the two-degree of freedom scan

platform.

Signal Chain -- The signal chain processes the video

signal from the camera heads arfl converts it to 9-bit

digital information. The total video information per

frame is 5. 25 x 106 picture bits which must be stored

on tape in the data storage subsystem. This requires

a readout rate from the television subsystem in the

neighborhood of 13Z kilobits/sec.

TV Driver -- The TV driver generates the required

sweeps for the camera heads. The sensor resolution

affords 83Z active picture elerr_nts/line, and 700

active scan lines/frame. Total frame time is

4Z seconds.

TV Control -- The TV control distributes the required

logic control to the various parts of the subsystem and

provides the real time A/PW output.

8R-3
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C.

do

Special Requirements

1).

z).

The science data subsystem will sample one-half

of each television picture frame and use this infor-

mation to set the shutter speed for the next picture

taken with that specific camera. In addition, the SDS

will be capable of setting the shutter speed on ground

c .ram and.

The SDS, on ground command, pre-condition the

camera shutters for TV power turn off.

Interfaces

l).

z).

3).

Mechanical -- The Camera A is 9" x 5" x 4" and

contributes 8. 75 lb on the scan platform.

Camera B is 32" x 10 '_ x 10" and contributes E7.0 lb

on the scan platform.

The spacecraft bus electronics is estimated at 16. 7 lb

for five blivets.

Electrical -- Primary power of 30 watts average is

required not including temperature control power for

temperature control of the Camera B optics. Heaters

in the TV cameras will dissipate 3. 5 watts of unregulated

DC power. Heaters in the Camera B optics will

dissipate 5. 5 watts of unregulated DC power.

Thermal -- The portion of the television subsystem in

the bus shall operate over a range of -25°C to +75 °C.

The camera assemblies shall operate from -20°C to

+30 °C. This subsystem shall survive a non-operating

range of -30°C to +55 °C.

2. High Resolution Infrared Radiometer (HRIR)

The HRIR provides a thermal map of the Mars surface, and in

conjunction with the TVS, determines the features of any clouds that might be

8R-4
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observed.

It contains a radiation cooled photoconductive cell and operates

within the 1 to 5 micron region, and nominally has a noise equivalent temperature

difference of I°C for a 250°K background. Detector cooling is accomplished by

means of a cooling patch at the bottom of a highly reflective gold-coated pyramid

which is oriented to view cold space during the entire orbit.

The HRIR has an instantaneous field of view of . 5 ° . A scan

mirror continuously rotates the field through 360 ° in a plane normal to the

spacecraft velocity vector. Radiation reflected from the scan mirror is chopped

at the focus of a 4 inch f/1 modified cassegrain telescope. It is then refocussed

at the detector by a reflective relay which contains a spectral filter. At a

mirror rotation rate of 30 rev/rnin, continuous scanning occurs at periapsis

The detector views a portion of space and the radiometer housing during every

mirror rotation, the space scan serving as the zero reference, and the housing

scan as a known temperature reference.

The radiometer video output is digitized by A/PW converter in

the instrument and fed to the SDS central A/PW counter.

3. Infrared Interferorneter Spectrometer (IRIS)

The IRIS has as primary objectives the obtaining of information

on the vertical structure, composition and dynamics of the atmosphere and the

ernissive properties of the surface of Mars. The spectrometer will view the

Mars atmosphere at discrete positions along the orbital path.

At the operating temperature of 250°K, the instrument generates
-1 -1

an interferogram such that the IR power spectrum from 200 cm to 1600 crn
-1

(50 to 6 microns) can be resolved to at least 1.2 cm The Noise Equivalent
-8 -1 -1

Radiance is nominally less than 3 x 10 watts cm ster throughout the

specified spectral range at the operating temperature.

The field of view has a half angle of approximately g. 2 ° , at

which radius off-axis the response is one half the on-axis response. A scanning

interferorneter mirror moves through at least . 426 cm during the output IR

sampling period of 18.2 seconds, done consistently with a Z25 word/sec stream

of 12 bit words, or a total of 4096 words per interferograrn. The mirror
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k v

drive system is required to keep the mirror velocity constant within 1°]0 during

the sampling period.

Image motion compensation is provided as a small rotation of an

IMCC mirror to enable the same gound spot to be sampled during the entire inter-

ferogram.

At the completion of seven interferograrns the IMCC mirror

rotates 90 ° to allow an interferogram to be taken of interstellar background.

At the completion of 15 interferograms it rotates 90 ° to view an onboard black

body for one interferogram.

The science data is clocked into the SDS in serial form.

4. Infrared Mapper

The IR mapper has, as a primary purpose, the determination

of presence and variation of atmospheric water vapor. The IRM will also

determine the vertical variation of temperature in the atmosphere, the surface

altitude variations, pressure variations and seasonal variations in the amount

of CO2, and pressure and temperature of clouds.

The optical design is basically an Ebert system with a fixed

grating. The field of view at 1000 km is 5 krn x 5 krn for the PbS detectors

and 75 krn x 15 km for the PbSe detectors. The former detectors are used

between . 8 and 2.85 microns, the latter between 3.42 and 5.2 microns. The

IRM employs radiative cooling, with controlled heating of critical components.

The detectors are regulated to 210 ° ±I°K, the chopper to 240 ° +0. l°K.

The signal amplifiers in all channels (40 on a preliminary engineering

model) use mechanical chopping and synchronous demodulation, A multiplex

switch at the output feeds an A/PW converter for digitization in the SDS.
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A. LANDER ASSUMPTIONS

B. LANDER/ORBITER INTERFACE ASSUMPTIONS

C. PROPULSION VELOCITY INCREMENT

TRADE STUDIES
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A, LANDER ASSUMPTIONS

Appendix

The lander is 3-axes stabilized and is designed to soft land on Mars

after separating from the orbiter in Mars orbit. The lander system con-

figuration and characteristics assumed for study purposes are summarized

below. Figure 9A-I shows the general arrangement, but is not to scale.

I. Lander Weight

The lander system weight at launch is 1800 Ibs maximum exclud-

ing the adapter, the separation mechanisms, and adapter supported umbilical

harness and possible launch environment instrumentation. Internal structure

at the adapter interface is designed to apply lander loads, about all axes, to

the eight vertices of the truss.

2. Lander Mass Properties

The lander center of gravity is nominally on the roll axis z, 38.4

inches from the interface separation plane in the +z direction. The maximum

deviation of the c.g. from the roll axis is not specified, but will not exceed a

value to be determined from tip-off constraints, discussed in Appendix B.

Moments of inertia about the pitch and yaw axis are listed below, but products

of inertia are unspecified.

At launch: I = 418 slug ft 2
zz

Z
I = 275 slug ft
xx

Lander less I -- 379 slug It z
zz

bioshield cap:
I - 252 slug It z
YY

(JPL coordinate axes)

(JPL coordinate axes)

(JPL coordinate axes)

(JPL coordinate axes)

3. Lander Electrical Power Requirements

The electrical power demand of the lander is shown in Table 9A-I

for launch, cruise, and orbit phases of flight. The preseparation loads shown

in the bottom row, however, are for lander internal power.
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Appendix

4. Relay Link

The lander to orbiter radio relay link is VHF. During descent

to the surface the radiated power is five watts. For surface operations following

touchdown, the lander switches to high power such that after 90 days on the

surface the radiated power is no less than 30 watts. The on-axis relay antenna

gain is +5 db throughout the mission.

Following touchdown the lander relays data only when alerted by

the orbiter. On data relay passes, the lander relays data for a period of not

less than 12 minutes during which time the orbiter is 15 degrees or more above
7

the lander horizon. The link has a capability of handling 10 bits per Martian

day.

5. Telemetry

In transit, lander telemetry is transmitted over the orbiter S-band

radio. Nominal bit rates of the lander telemetry system are 1050 bits per

hour during cruise and 1348 bps during lander checkout.

6. Retropropulsion Maneuver

The entry angle will lie between 15 and 20 degrees (3t1"). The

maximum deflection velocity capability is 200 meters per second. The descent

time from deorbit to touchdown is less than eight hours.

Following lander separation in orbit, the lander retro rocket

will not be fired until the lander is 100 meters, or more, from the orbiter. If

metallic particles can be expected in the exhaust products, this separation

distance constraint will increase.

7. On-Pad Checkout

The alternate modes by which lander checkout can be accomplished

on pad are by:

9A-4
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i)

z)

3)

Appendix

Hardlines to the spacecraft umbilical

VHF air link from an antenna on the umbilical tower

Orbiter S-band radio via an antenna on the umbilical tower.

Orbiter power-up is not required for modes 1). and 2).

8. Coordinate Axes

The lander body-fixed coordinate system, except for origin, is

identical to that of the spacecraft:

"X" axis: Pitch

"Y" axis: Yaw

"Z" axis: Roll

Polarities of the axes are shown in Figure 9A-2. The cone�clock angle inertial

coordinate system is also the same, and is shown in Figure 9A-3.
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B. LANDER/ORBITER INTERFACE ASSUMPTIONS

Appendix

1. Lander Capsule Adapter

The lander capsule is located above the orbiter tn the launch con-

figuration. In transit, the lander capsule is on the shady side of the space-

craft. The lander capsule adapter, which structurally interconnects the lander

capsule and orbiter, is a truss to which the following components are attached:

1)

z)

3}

4)

Ejection springs and latch mechanisms {at orbiter interface)

Umbilical cable lelectrical and RF)

Umbilical disconnect fitting (at orbiter interface)

Instrumentation for launch environment

The structural interface between the lander and lander adapter is a bolt circle

field joint. A sketch of the spacecraft is shown in Yigure 9B-I.

Z. Separation Systems for Lander and Lander Capsule Adapter

The lander will be separated from the orbiter at a minimum

relative velocity of 0. 5 meters per second. Asymmetries in ejection spring

and umbilical disconnect forces, and in the lander center of gravity, will be

limited such that angular tip-off rates about the pitch and yaw axes will not

exceed one degree per second (3a}, and about the roll axis 0.1 degree per

second (30-}. Ejection of the bioshield cap will not induce angular rates about

any axis in excess of 0. 1 degree per second (30), A spring loaded umbilical

disconnect fitting is assumed at the truss interface with the orbiter.

3. Disturbing Torques

At any time between launch and lander separation, disturbing

torques about any spacecraft axis due to lander outgassing, momentum exchange

devices, or other sources within the lander will not exceed 50 dynecentimeters.

9B-I
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, Temperature Control Interaction

Appendix

Orbiter and lander capsule temperature control systems will be

decoupled to the maximum feasible degree by maintaining a near-adiabatic

thermal interface. For thermal control of the orbiter following release of the

lander, the inside of the bioshield base has an emissivity not to exceed 0.2.

5. Radiation Environment

If radioisotope heaters are used in the lander thermal control

system, or RTG's in the electrical power system, the resulting gamma and

neutron fluxes and magnetic field strength will not exceed those values, to be

determined, that degrade orbiter science instruments.

The lander capsule will tolerate at least 50 watts of RF power at

S-band radiated into the metal nose fairing; and, conversely, the orbiter will

tolerate 30 watts at VHF.

6. Lander Electrical Interface

Inflight switching of the lander from orbiter power to internal

power, and conversely, will be accomplished by the orbiter central computer

and sequencer (CC&S). Provision is made for short circuit protection and

prevention of reverse flow of power. A ground command back-up mode will

be provided. During on-pad checkout the switching from ground power to

internal po0ver does not require the orbiter to be in a power-up .mode.

The lander timer and sequencer is started in flight by the orbiter

prior to lander checkout and separation. The enable event is initiated by the

orbiter CC&S; this CC&S event can be updated by ground command.

Power for all lander electroexplosive devices will be provided

by the lander. No squib firing lines will cross the lander/orbiter interface.

The umbilical harness below the lander in-orbit disconnect

fitting will be provided by the orbiter, and will contain RF and electrical

9B-3
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cables. Some of the cables will connect to orbiter harnesses, and others will

extend externally past the orbiter bus, and into the inflight umbilical discon-

nect fitting at the launch vehicle interface. In the later group is included the

instrumentation wiring from the lander capsule adapter.

Below the launch vehicle interface, the umbilical harness splits

according to whether the circuits connect with the launch vehicle telemetry or

sequencer systems, or to the external umbilical connector in the side of the

Centaur adapter.

, Coordinate Axes of Lander, Orbiter, Spacecraft and Launch
Vehicle

The orbiter and the lander are assumed to have, except for

origin, identical body fixed coordinate systems and cone/clock angle inertial

systems, as identified in Figure 9A-2, and 9A-3.

8. RF Interface

Prior to lander separation, lander telemetry is transmitted over

video pairs between the lander and orbiter. A portion of this cable is incor-

porated in the lander capsule umbilical harness. After separation, and until

the bioshield base is jettisoned, the high data rate RF link is maintained by

means of a "separation antenna" which is a small cup turnstile. The antenna

is used only to receive, never to transmit. After the bioshield base and

adapter are jettisoned, the relay antenna is used for the remainder of the

capsule descent phase and for subsequent relay passes over the lander.

The separation antenna is located on the inside surface of the

bioshield base on the roll axis. The attached coaxial cable is part of the

umbilical harness, and contains an attenuator. Thus only the antenna is

involved in the lander sterilization process.

9B-4



Project Document No. 611-2 Section IX

C* PROPULSION VELOCITY INCREMENT TRADE STUDIES

Appendix

Two propulsion subsystem trades were studied for the present design

weights included in section VII D and a VLC weight of 1800 lbs. The AV allo-

cations are given as follows:

Maneuver

Midcourse {total

Pre-separation orbit trims {total)

Post separation orbit trim {total)

Gravity losses {total)

Orbit insertion (impulsive)

The first case utilized the VO weight (including contingencies),

subsystem, of 1430 lbs. With the propulsion inerts sized for this case,

second case used the non-contingency orbiter weight of 1295 lbs.

AV Allocation (m/sec)

15

50

50

110

1350

sans propulsion

the

1) Case 1: VO weight 1430 lbs (baseline weight including VLC

adapter).

Propulsion subsystem weight

Propellant
Inerts

V S/C injected weight

Orbit insertion _,V

3130 lbs

850 lbs

3980 lbs

7210 lbs

1350 m/sec

z) Case 2: Case 1 inerts off loaded to retain orbit insertion

AV = 1350 m/sec with non-contingency orbiter weight

(1295 lbs) including VLC adapter.

This case provides a savings of about 470 lbs in injected weight

while retaining the maximum AV capability. However, no orbiter

weight contingencies are provided.

Propulsion subsystem weight

Propellant

Inerts (sans contingency)

V S/C injected weight

Orbit insertion AV

2862 lbs

788 lbs

3650 lbs

6743 lbs

1359 m/sec

9C-1
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Table 9C-1. Viking AV Trade Stud,cs

se

Parameters

VS/C Injected 7210

Weight (lb)

Capsule 1800
Weight (lb)

VLC Adapter + I430
VO Inerts (|b)

Sans Propulsion

Subsystem

Contingencies: _

Propellant_I/

..../ Inerts/ ........ _ Ys _
Orbit Insertion 1350

6743

1800

1295

f

1350

AV (m/sec)

VO Propulsion
Inerts

VO Propulsion
Propellant s

850

3130

788

2862

9C-?-,
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Table 9C-1. Viking V Trade Studies

Appendix

se

Parameters

VS/C Injected

Weight (lb)

Capsule

Weight (lb)

VLC Adapter +
VO Inerts (Ib)

Sans Propulsion

Subsystem.

Contingencies: _
Propellant

J Inerts

Orbit Insertion

AV (m/sec)

VO Propulsion
Inerts

VO Propulsion

Propellants

7210

1800

1430

/
/

f yes _

1350

850

3130

2

6743

1800

1295

1350

788

286Z
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